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Abstract
This report explains the design of the PHOENIX low bypass turbofan engine within the scope of the Undergraduate Team Engine Design
Competition titled "Let’s Re-Engine the Concorde" organized by AIAA. The PHOENIX engine developed within the scope of the Engine Design
Competition is expected to meet the desired specifications and meet all the Concorde requirements, the platform on which it will be used,
and to perform better than competing engines. Concorde, a milestone in aviation, was removed from the airline companies' inventory due
to its high fuel consumption. Therefore, it is expected that the fuel consumption of Concorde will be reduced in the new engine to be
designed. In addition, the engine mass, which has a negative impact on fuel consumption, should be reduced in the candidate engine that
will enter service in 2028 with the help of developing technology.
As a result of the designs made for this target, the performance calculations of the PHOENIX engine have been made. All engine
components were pre-dimensioned with optimized performance design parameters, and the final geometries of the components were
obtained as a result of subsequent calculations and flow analysis. At the same time, the total mass of the PHOENIX was calculated by
making material selections for each component, and its mass was compared with the Olympus 593, which is the base engine. The report
includes engine subsystems and emission calculations. During the entire design process, a method such as updating the performance
calculations and detailed designs of the components to verify each other and thus make an iterative study was followed. As a result of the
analysis, it has been observed that PHOENIX meets the desired requirements, therefore the applied design methodology is considered to be
suitable. The details of the designs and analyzes mentioned in this report will be accessible, and the performance results will be examined.
Details of the methods used in the design process will be available. Also, CAD drawings of the engine will be able to be examined.

1

1.

INTRODUCTION

A new low bypass ratio mixed turbofan engine design is required for a new version of the 120-passenger supersonic jet “Concorde” with an
entry-into-service date of 2028. Our supersonic engine Phoenix has been designed for accomplishing the mentioned supersonic jet. Baseline
engine Olympus 593 will be the origin of the project. The baseline engine will be optimized for engine size, mass, and SFC. During the
optimization operation, the best values of fan pressure ratio, bypass ratio, overall pressure ratio and turbine entry temperature should be
selected. Overall Pressure Ratio (OPR), Fan Pressure Ratio (FPR), Bypass Ratio (BPR) and Turbine Entry Temperature (TET) are main
performance indicators of this design. In addition: reheat elimination, jet velocity reduction, T3, T4 limitations are considered. These values
will be acceptable with the entry-into-service of 2028 [1].
After the optimization is done, the fuel burn should be minimized, and the flight range will be automatically increased. Thrust-specific fuel
consumption should be decreased significantly because of the absence of reheat while thrust value is kept constant. In addition to these, the
engine mass should be minimized.
Also,
The supersonic cruise flight should be at 53000 ft/Mach 2.01. These two flight conditions should be used for the design point for the
optimum engine.
Turbofan engine components such as inlet, fan, compressor, spools, combustion chamber, turbine, mixer, and nozzle will be designed.
Subsystems of the engine will also be considered and be examined while designing these components.
The diameter of the new engine should be kept at minimum.
A new limit will be set to T4.
T3 will be limited to 1620 R.
An appropriate inlet and nozzle should be designed. The components' noise values will be met airport noise requirements without a noise
suppressor. To achieve that, nozzle jet velocity at take-off be limited to 1150 ft/s.
Concorde was an environmental failure. The engine should be environmentally friendly. Emission gasses are a significant public concern
because of their impact on human health and the environment [1].
For cruise speeds lower than 800 mph, using a low bypass turbofan engine for an aircraft is more efficient than using a turbojet engine (Figure
1). However, in the early times of jet technology, turbofan engines were rejected in some aircraft due to their larger cross-section producing
excessive drag. For the same reason, in the 20th century’s fastest civil aircraft, Concorde, engineers decided to use Olympus 59, a turbojet
engine whose properties are given in Table 1. Concorde was an iconic figure of aviation and still is. Its unique aerodynamic shape is wellknown for many people who are interested in aerospace. Unfortunately, it was also an environmental and financial failure. Expensive, noisy
and inefficient: Concorde’s flights were stopped on 24 October 2003 and since then, there are no supersonic commercial flights available on
the whole globe [1].

Figure 1.Diagram of a Turbofan Engine and Different Engine Efficiencies [2,3]
Table 1. Concorde’s Technical and Engine Properties
Length
Wingspan
Maximum Take-Off Weight
Height
Engine
Cruise Speed
Range
Flying Altitude
Length & Diameter (in)
Thrust-to-Weight Ratio

2441 in
1023.5 in
408009.5 lbm
480.3 in
4 x Olympus 593 Turbojet
1967 ft/sec
23750 ft
53000 ft
159 /47.7
5.4

Maximum Thrust

Engine Components

TSFC
Overall Pressure Ratio

2

Reheat ON: 38050 lbf
Reheat OFF: 32000 lbf
Compressor: Axial-flow, 7-stage LP, 7-stage HP
Combustion Chamber: Nickel alloy construction
annular chamber
Turbine: Two stages: one HP, one LP
Reheat ON: 1,39 lbm/(lbf*h) (sea level)
Reheat OFF: 1.195 lbm/(lbf*h) (cruise)
15:5:1

“What Concorde showed is there is a market for customers who want to reach destinations faster. What we need to figure out is how to do the
Concorde, but we need to do it safer, more efficiently and more sustainably.”- Spike CEO Vik Kachoria.
Although Concorde was not a commercial and environmental achievement, it can be re-designed with 21st-century technology when preserving
its original shape. Seeing the Concorde in the air again is an engineering necessity for aviation enthusiasts, which was once the fastest plane in
the skies A phoenix symbolizes birth, death and rebirth, a magical bird, radiant and shimmering, which lives for several hundred years before
it dies by bursting into flames. It is then reborn from the ashes to start a new, long life. This is the reason why we chose the “Phoenix Engine
Design Team” as our team’s name to represent the re-birth of the Concorde. Starting with the base engine validation, some optimization studies
were executed. As a result, Phoenix Engine resulted as:
31% less fuel usage from the base engine,
No need to reheat while taking off,
No sonic booms while taking off.
In the following sections, state of the art in technology research, engine cycle analysis and subsection designs are given in detail.

2. STATE OF THE ART
The aviation sector is developing and growing day by day. It is a sector where people constantly push the boundaries, where all the possibilities
of technology are used and where developments that will lead many sectors are realized. The aviation industry, where many countries make
large investments and continuously grow their research and development activities, is also seen as a source of prestige. While the activities
carried out especially in the military field bring the defense power of the country to the forefront, its export capacity enables it to gain economic
power. For this reason, engine and aircraft manufacturers produce a wide range of products.
Before starting to design any section, state of the art must be regulated to get a concept about the design operations and the verifications. In
this project, engines for the state-of-the-art are selected as turbojet and turbofan engines and also the conditions are chosen to near the number
of Mach. The benchmarks are engine type, Mach number, overall pressure ratio, bypass ratio, thrust, TSFC and its mission (military or civil).
The engines with a low bypass ratio and close to the desired thrust are listed in Table 2 below.
Table 2. State-of-the-Art Engines’ Properties
OPR

BPR

Kuznetsov NK-321 (TF)

28.40

1.40

Kuznetsov NK-86 (TF)

N/A

1.15

Pratt & Whitney TF30 (TF)

19.8

0.87

NK-144A Turbofan (TF)

14.20

0.53

F101-GE-102 (TF)

26.8

1.91

Thrust [lbf]

SFC[lb/lbf.h]

55078
30798
28550
25088
14567
40000
10566
136916
77355

0.0258
0.06
N/A
N/A
0.0325
0.064
0.56
2.46

Weight
[lbm]

Thrust to
Weight Ratio
(TO)(T/W)

Size[in]

7500

7.35

L=240/Dia=57.48

3395

8.41

L=245/Dia=63

3984

6.3

L=241.7/Dia=48.8

N/A

N/A

L=204.7/Dia=59

4449

7.04

L=180.7/Dia=55.2

It is seen that the values of the Concorde base engine Olympus 593 coincide with the Tu-144D engine Kolesov RD-36. The Tupolev-144D is
the Soviet version of the Concorde, referred to as "Concordski" in some sources. While performing engine optimization, changes have been
made mainly on important basic parameters such as fan pressure ratio, bypass ratio, total pressure ratio and turbine inlet temperature. For this
reason, it is important to examine the values reached by today's technologies in these parameters. The total pressure ratio parameter has an
important place in the technology of turbofan engines. Roughly speaking, increasing the total pressure ratio increases the efficiency of the
engine and enables a reduction in fuel consumption. However, increasing the compressor stage creates a disadvantage in motor weight.

3. ENGINE DESIGN PROCESS
Within the scope of the project, literature studies have been conducted by taking into consideration the technological developments to be
carried out until 2028 which is entry into the service year.
3.1. Engine Cycle Design
This chapter describes the basic structures of the engine and documents the cycle analysis program that was used to aid in the design process
of the Phoenix and baseline engine.
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The analysis code used to complete the cycle analysis was the gas turbine simulation software GasTurb 13, and the simulation of the Phoenix
is available from the author upon request. Baseline engine validation is an important reference and starting point for the engine to be designed.
Therefore, the aircraft engine design process starts with the validation of the baseline engine model.
Validation also is an indication that correct assumptions will be made during the cycle design process of the newly designed engine. After the
validation, the selection of the optimized engine PHOENIX’s cycle and features, thermodynamic analysis and optimization process would be
completed.
3.2. Mission Profile
In engine design and optimization processes, it is important to check engine operability under On-Design and Off-Design conditions. At this
point, the “Off-Design” tool and “Map Scaling” play an important role. Under different flight conditions, the engine must provide the minimum
thrust requirement. A detailed literature study has been conducted to determine the flight Mach number, altitude and minimum thrust that must
be met in each flight phase. Accordingly, various mission profiles of Concorde's New York-Paris and New York-London flights were
examined, and a mission profile based on the New York-Paris flight was created. In the Taxi condition, requirement thrust was determined
such as 7% of the Take-Off thrust [4]. Figure 2 shows a simplified mission profile for only one engine of the Concorde. [5,6]

Mach=2.01
Mach=1.2

Mach=0.95

Mach=0.95

Mach=0.302

Figure 2. Concorde Mission Profile.
3.3. On Design and Off Design Features and Validation of Baseline Engine
It is necessary to decide which point should be chosen as the design point before the design of the new engine. For engines with supersonic
flight characteristics, the top of climb (cruise) condition is considered by AIAA as the design point rather than take-off condition. As stated in
the competition RFP, the On-Design point has been determined as cruise condition for base engine Olympus 593 and PHOENIX. Some features
and basic performance characteristics of the baseline engine are given in Table 3. In Figure 3, the validation results of the baseline engine at
cruise conditions obtained by using the GasTurb 13 program are given in detail. When Figure 3 is examined, it is clearly seen that the baseline
engine model given in RFP has been successfully validated. The base engine Olympus 593 was performed in Two Spool Turbojet configuration.
Flight information regarding the Off Design conditions, take-off and maximum climb are given in Table 4 together with the On Design
condition.
Table 4. Critical Flight Phases’ Properties for Base Engine

Table 3. Base Engine (Olympus 593) Specifications
Engine Type
Number of LP/HP Compressor Stages
Thrust Req. per engine at supersonic cruise (ft)
TSFC at Cruise (lbm/lbf.h)
Max Thrust per engine at Take-Off
Max. Envelope Diameter (in)
Length (Without Intake and Nozzle) (in)
Engine Weight

Turbojet
7,7 Axial
10031
1.3304
33610
48
159
7000 lb

Mach Number
Altitude (ft)
Conditions
PRF
Afterburner
Net Thrust (lbf)
TSFC (lbm/lbf.h)

4

Design
Off Design
Cruise Take-Off Supersonic Climb
2.01
0.302
1.2
53000
0
40000
ISA + 5⁰C ISA + 10⁰C
ISA + 5⁰C
0.937
0.986
0.986
Off
On
On
10031

33600

13618

1.3300

1.2576

1.3717

Figure 3. Baseline Engine Performance at Cruise Condition
Thanks to the Off-Design analysis, the operability of the engine in different flight phases, which are other operating conditions, is examined.
The base engine's Off-Design analysis was performed in order to compare PHOENIX and the base engine Olympus 593 not only in On-Design
but also in Off-Design. The output of the base engine's take-off condition is given in Figure 4. Compressor maps had to be scaled. Since maps
and “Map Scaling” are also made for PHOENIX, compressor and turbine maps are not given for the base engine. PHOENIX's maps will be
given in the new engine design section.
With the Mission tool in GasTurb 13's Off Design part, TSFC values in each flight phase are determined. The total fuel consumption of the
base engine was calculated to be compared with Phoenix by using the times determined by the literature studies [7,8,9,10]. It can be seen from
various sources that the Concorde consumed around 1.5-2 tons of fuel during the taxi. When it is calculated for four engines, this value also
validates the mission profile. In Table 5, flight Mach number, altitudes, calculated required thrust and fuel consumption values for one engine
are given for baseline engine Olympus 593.

Figure 4. Baseline Engine Takeoff Condition Output
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Table 5. Total Fuel Consumption of Base Engine (Olympus 593) (per engine)
Segment

Altitude
(ft)

Taxi Out

0

Mach
Number
[5]
0.019

Take Off
Subsonic Climb
Subsonic Cruise
Supersonic Climb
Supersonic Cruise
Supersonic Descend
Subsonic Cruise
Subsonic Descend
Approach & Touchdown
Taxi In
TOTAL

0
17750
33000
40000
53000
45000
42000
22500
1500
0

0.302
0.7
0.95
1.2
2.01
1.4
0.95
0.6
0.24
0.019

Thrust
(lbf)

TSFC
(lbm/lbf*h)

Time (min)

Fuel Burned in
Segment (lbm)

1.2578

Fuel
Flow
(g/sec)
49.3 [6]

2351.5
[5.6]
33600
22170
14524
13618
10031
8162
8428
15744
23000 [9]
2351.5

15 [7]

788.77 [8]

1.2576
1.343
1.366
1.3717
1.3301
1.2310
1.1860
1.1470
1.1024
1.2578

704.25
496.24
330.67
311.33
222.23
167.46
166.59
300.97
422.55[6]
49.3

1.0
6
30
20
100
10
20
7.5
7.5[10]
6[7]
Approx.:4hr[9]

704.24
2977.43
9920
6226.58
22235.4
1674.6
3331.87
2257.27
3169.12
295.77
53580 lbm [9]

3.4. Engine Components of Phoenix
Phoenix was designed as a low bypass, 2-spool mixed flow turbofan engine. The optimum engine Phoenix has an air intake system, 1 stage
fan, 5 stage HPC (High-pressure compressor), combustor and fuel system, 2 stage HPT (High-pressure turbine), 1 stage LPT (Low-pressure
turbine), mixer and exhaust systems. Stage numbers and efficiencies were found by making an iterative study between performance and
turbomachinery studies. The applicability of the number of stages and efficiencies determined by performance calculations was examined in
AxSTREAM. This iterative study continued until the maximum achievable efficiency was reached, and in this process, both performance
calculations and turbomachinery studies were updated. For the maximum achievable efficiency, temperatures and speeds around the blades
were examined, and the compatibility of various factors such as De-Haller, Zweifel coefficient, etc., to the literature was taken into
consideration. Phoenix is designed for use in Concorde flying in supersonic conditions. Therefore, the Convergent-Divergent Nozzle with
variable bypass channel technology and variable nozzle area is used to achieve the desired thrust and thrust specific fuel consumption.
PHOENIX's engine configuration is shown in Figure 5. The engine detailed station schematic of PHOENIX given in Figure 5 has station
numbers created automatically by GasTurb 13. Table 6 shows which component these numbers represent.

Table 6. Station Numbers
Station
Stations
Station
Stations
Numbers
Numbers
2
Fan Inlet
5
LP Turbine Exit
21
Fan Exit to Core
6
Exit Guide Vane Exit
25
HP Compressor Inlet
13
Bypass Inlet
3
HP Compressor Exit
16
Bypass Exit
4
Burner Exit
8
Nozzle Throat
44
HP Turbine Exit
9
Nozzle Exit
45
LP Turbine Inlet
Figure 5. PHOENIX Engine Configuration Schematic

3.5. On-Design Analysis and Optimization of Phoenix
A detailed literature study on new engine technologies and various concepts of turbofan engine components has been made for the design of
Phoenix. At the end of the literature study, it is aimed to select and design the engine in the best combination among the concept designs in
order to meet the desired performance criteria for the new engine design and to provide the limits specified in the specified standard and RFP
in the best way. As stated in the proposal, the new engine to be designed for the supersonic flying Concorde had to be a low bypass turbofan.
An important point here is the Spool number. For the selection of spool numbers, a literature search was done and 2-Spool and 3 -Spool options
were compared. 2- Spool shaft was chosen because of the advantages of the 2-Spool option, such as providing lower weight without additional
parts, having a simpler design and having a lower production cost than 3- Spool. [11][12] As a result, it was decided to select the 2-Spool
Mixed Turbofan configuration. After selecting the engine cycle and deciding on the concept designs to be used in the new engine, performance
analysis and optimization for the Phoenix engine were initiated. GasTurb 13's Optimization tool was used for optimization and trade studies
were completed with the Parametric tool.
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In the optimization of the engine, the specific fuel consumption has been tried to be reduced by using various parameters such as turbine inlet
temperature, bypass rate, fan pressure ratio, overall pressure ratio by preserving the thrust force predicted for the cruising condition of the base
engine with the help of the task profile. The main considerations in engine design are engine diameter, mass and TSFC. Concorde's high cost
to commercial passenger transport companies caused it to be decommissioned, so Phoenix's design focused specifically on improving the
TSFC. In addition, the improvement in engine mass will allow the TSFC to be improved. [13] In addition, the improvement in engine mass
will allow the TSFC to be improved. For this reason, although the diameter of the engine will increase due to the addition of bypass, it is also
aimed to reduce the mass of the engine by keeping this increase at a minimum and benefiting from the developing material technology. Mass
flow corrected, BPR, TET, OPR, FPR, HPC pressure ratio parameters have been optimized for the improvement of TSFC. GasTurb 13 Cruise
output of optimum engine PHOENIX is given in Figure 7. The trade studies on this optimization process are given in Figure 6. An iterative
study was carried out between On-Design and Off-Design points to ensure the exit speed of 1150 ft /s on take-off condition. For PHOENIX to
comply with the limit, TET had to be kept low, BPR kept high and mass flow rate increased. In fact, to design the engine more compact by
reducing the engine diameter, Phoenix's TET has been improved according to the base engine, but considering its effect on the output speed,
the maximum TET limit, which is 3150 Rankine, has not been reached.

Figure 6. Parametric Studies of PHOENIX Engine
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Although the engine net mass decreases with the increase of TET, TET should be increased in a controlled manner to improve TSFC. TSFC
decreases with the increase of OPR, but the T3 limit of 1620 R also limits the increase of OPR. When the TSFC-OPR graphs are examined, it
is clearly seen that Phoenix has the maximum OPR value that can be obtained by staying below the T3 limit. The minimum TSFC in the created
space is provided in this way. The red zone symbolizes the minimum requirement thrust and the yellow zone where the T3 limit is not exceeded.
The intersection of the red and yellow regions is represented by orange.

Figure 7. PHOENIX Engine Performance at Cruise Condition
3.6. Off-Design Analysis of ETU-PHOENIX

Figure 8. PHOENIX Engine Performance at Takeoff (left) and Supersonic Climb (right) Conditions
Necessary changes are made to the On Design conditions to design an engine that also meets the limits of the Off-Design conditions. Thus, the
engine is designed with an iterative study between Off-Design and On-Design. It was said that the engine's operability at different flight phases,
which are other operating conditions, was examined thanks to the Off-Design analysis.
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At the Off-Design point, the most important limitation was the exhaust exit temperature. This limit was that the exhaust exit temperature should
not exceed 1150 ft/s. By changing the modifiers in the Off-Design tool of the GasTurb 13 program, the operability of the engine designed in
On-Design was examined in takeoff. Compressor and turbine maps are scaled with modifiers. Takeoff and Climb outputs, which provide the
required thrust and within limits, are given in Figure 8. Compressor and Turbine maps are also given in Figure 9.

On-Design
Off-Design

Figure 9. Compressor and Turbine Maps Generated ETU-PHOENIX Performance Team
Surge Margin is the distance of the design (operating) point from the surge line. For an ideal design, the surge margin should exceed 10%
limits. The 0-10% surge margin range is assumed as a critical range for compressor design [14]. When the maps are examined, it is clearly
seen that the design points of PHOENIX are far from the Surge Margin.
In the detailed output of the takeoff condition given in Figure 10, the engine exit velocity, which was limited to 1150 ft /s, is satisfied.

Figure 10. Detailed Output of Take-off Condition

As with the base engine, fuel consumption values were calculated for PHOENIX in each flight phase in the mission profile. Using GasTurb
13's Mission tool, TSFC values were calculated for the conditions of pre-determined flight phases. PHOENIX's total fuel consumption is given
in Table 7.
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Table 7. Total Fuel Consumption of PHOENIX (per engine)
Segment
Taxi Out
Take Off
Subsonic Climb
Subsonic Cruise
Supersonic Climb
Supersonic Cruise
Supersonic Descend
Subsonic Cruise
Subsonic Descend
Approach &
Touchdown
Taxi In
TOTAL

Altitude
(ft)
0
0
17750
33000
40000
53000
45000
42000
22500
1500

Mach
Number[5]
0.019
0.302
0.7
0.95
1.2
2.01
1.4
0.95
0.6
0.24

Thrust
(lbf)
2351[5.6]
33600
22178
15186
13612
10044
8413
8526
16142
23000 [8]

TSFC
(lbm/lbf*h)
0.7818
0.7817
0.6999
0.7557
0.8393
1.0240
0.8445
0.7453
0.6407
0.6851

Fuel Flow
(lbm/min)
30.64 [6]
437.71
287.97
203.84
190.35
171.43
143.19
120.2
204.23
262.62

Time (min)
15 [7]
1.0
6
30
20
100
10
20
7.5
7.5[9]

Fuel Burned in
Segment (lbm)
459.6
437.7
1727.8
6115.2
3806.9
7776.0
17143
2404
1531.7
1969.7

0

0.019

2351

0.7818

30.64 [6]

6[7]
Approx. 4hr

183.8
37211.5 [10]

16368 lbm
(per engine)

Figure 11. Comparison of Fuel Consumption in Each Segment (Left) and Comparison of Fuel Consumption (Right)
When the base engine and Phoenix are compared, it is seen that the total fuel consumption has decreased by 30%. TSFC is kept in a minimum
value within limits with the trade study done On-Design. According to the mission profile created, the graph showing the fuel consumption of
Olympus 593 and PHOENIX in each flight phase is given in Figure 11 (Left) and the graph showing the total fuel consumption is given in
Figure 11 (Right). A comparison of the Table 8 base engine and PHOENIX is given below.
Table 8. Comparison of Base Engine and PHOENIX

Engine Type
Axial Compressor Stage Number
Axial Turbine Stage Number
Cruise Thrust (lbf)
Takeoff Thrust (lbf)
Cruise TSFC (lbm/lbf*h)
Takeoff TSFC (lbm/lbf*h)
Cruise OPR
Takeoff OPR
Cruise T4 (R)
Cruise T3 (R)
Cruise BPR
Nozzle Exit Velocity (ft/sec)
Max. Engine Dia. (in)
Engine Length (in)
Reheat

Base Engine Olympus 593
Turbojet
7 HPC+7 LPC
2 HPT+2 LPT
10031
33618
1.3304
1.2576
11.8
16
2430
1538
48
159
YES

PHOENIX
Low-Bypass Mixed Turbofan
1 Fan+5 HPC
2 HPT+1 LPT
10044
33610
1.02
0.78
15.5
25.7
2745
1620
1.99
1148
65
156
NO
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Limitations and Improvement
Satisfied
Satisfied
Satisfied
23 % Improvement
38 % Improvement
Limitation Satisfied
Limitation Satisfied
Limitation Satisfied
2% Improvement
Satisfied

4. SUPERSONIC INLET DESIGN
For engine performance and obtaining net power output, supersonic intake is one of the crucial components of the engine due to achieve
minimum total pressure loss by decreasing the pressure of the freestream air. In order to obtain minimum total pressure loss, different intake
options should include supplying sufficient mass flow to the engine face with an appropriate velocity, minimizing total mass as much as
possible due to flight efficiency, providing well integration of the fuselage to minimize high installation drag and inducing proper acoustic
absorption of fan noise to achieve less-noisy engine [14].
4.1. Selection of Supersonic Intake
While designing a supersonic intake, the decisions are generally made by considering the flight speed of on design point. Mixed compression
intake is referred to as the best choice compared between pitot type (internal compression) and external compression intake. Another important
point is related to the shape of the intake, which could be made between annular and rectangular supersonic intake. Rectangular supersonic
intake provides less distortion at a high angle of attack with better geometry possibilities and lowers the jeopardy of the surge in asymmetric
flow compared to annular supersonic intake which is more beneficial in terms of less total pressure loss and weight. In the light of the given
information, it is decided to design a rectangular mixed compression intake for PHOENIX Engine. Furthermore, as stated in the request for
proposal, Concorde’s existing intake was retained which was rectangular variable mixed compression intake [14,15]. In addition, shocks and
external ramp numbers are quite essential for the design. An increment in ramp number does not raise pressure recovery dramatically, causing
to select 2-ramp intake instead of 4-ramp intake which could be noticed in Figure 12.

Figure 12. Relationship between Total Pressure Recovery and Freestream Velocity [14]

The working principles of the Concorde’s intake which contains a bleed system at the throat is given in Figure 13.

Figure 13. Modes of Operation: a) (at M < 1.3), b) (at M > 1.3), c) at Critical Flow Regime Under Cruise Conditions, d) at Subcritical
Regime Under Cruise Conditions, and e) at Supercritical Regime Under Cruise Conditions (Concorde flight manual) [20]
4.2 Details of Supersonic Intake Design
2-D schematic of the 2-ramp mixed compression inlet which has two external shocks, one internal oblique shock and one normal internal
shock, is represented in Figure 14 where θ and δ represent the shock wave angles and the ramp angles, respectively, number 1,2,3 represents
oblique shocks and number 4 represents the normal shock. Inlet consists of 3 sections which are external supersonic diffuser, throat, and
internal subsonic diffuser.

Figure 14. Sketch of a Mixed Compression Intake [15]
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Calculations of shock angle (θ), ramp angle (δ), other dimensions and some properties of the free stream were performed from the developed
MATLAB code, including the equations given below.
𝑀2 𝑛 =

(𝛾 + 1)2 𝑀4 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 ) − 4(𝑀2 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 ) − 1)(𝛾𝑀2 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 ) + 1)
[2𝑀2 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 ) − (𝛾 − 1)][(𝛾 − 1)𝑀2 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 ) + 2]
2 𝑐𝑜𝑡 𝑐𝑜𝑡 𝜃𝑛 (𝑀2 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 ) − 1)
𝑡𝑎𝑛 𝛿𝑛 =
2 + 𝑀2 𝑛−1 (𝛾 + 1 − 2𝑠𝑖𝑛2 (𝜃𝑛 ))
2 (𝜃 )
𝑀1 𝑠𝑖𝑛 1 = 𝑀2 𝑠𝑖𝑛2 (𝜃2 ) = ⋯ = 𝑀𝑛 𝑠𝑖𝑛2 (𝜃2 )

𝑃𝑅𝑛 =

(𝛾 + 1) 𝑀 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 )
[
(𝛾 − 1)𝑀2 𝑛−1 𝑠𝑖𝑛2 (𝜃𝑛 ) +

𝛾
𝛾−1

2

2

]

[

2𝛾𝑀2

4

(𝛾 + 1)
]
𝑠𝑖𝑛2 (𝜃𝑛 ) − (𝛾 − 1)
𝑛−1

(4.1)
(4.2)
(4.3)

1
𝛾−1

(4.4)

𝑃𝑅𝐹 = ∏ 𝑃𝑅𝑖 ∗ 𝑃𝑅𝑠𝑢𝑏

(4.5)

𝑖=1

In Table 9, parameters in cruise condition used as inputs in MATLAB code are given.
Table 9. Inlet Variables and Values Used in MATLAB
Parameters
Freestream Mach Number (M0) (for cruise)
Freestream Static Temperature (R)
Freestream Static Pressure (psi)
Freestream Density (lb/in3)
Gas Constant (ft.lb/slug.R)
Specific Heat Ratio (γ)
Fan Entry Mach Number (M6)

Values
2.01
390
1.456
6.01×10-6
1717
1.4
0.67

Parameters
Hub to Tip Ratio (h/t)
Engine Face Diameter (Dfan) (in)
Engine Face Mass Flow Rate (Weng) (lb/s)
Up-Stream Mach Number of Normal Shock
Diffuser Duct Angle (degree)
Cowl Lip Angle (degree)
Subsonic Diffuser Efficiency

Values
0.3
58.39
494
1.21
12.27
9.01
0.92

In order to solve oblique and normal shock relations, a normal shock upstream Mach number has to be estimated. Otherwise, the number of
unknown variables would be more than the number of equations [16]. In order to calculate dimensions and flow properties, the upstream Mach
number must be picked according to Figure 15-right. Pressure recovery factor with corresponding normal shock upstream Mach number
estimation is given in Figure 15-right. However, experimental results show that the pressure recovery factor could not exceed the value of 0.9,
pressure recovery factor which has a value of 0.936 for cruise condition, is retained as stated in the request for proposal and 1.21 Mach number
estimation is made to satisfy maximum pressure recovery factor which is chosen as 0.944 [18,19]. By considering MIL-E-5007 Standard,
pressure recovery factor vs. Mach number and pressure recovery factor vs. up-stream Mach number is plotted in Figure 15.

Figure 15. Pressure Recovery Factor vs Mach Number (MIL-E-5007 Standard) (left), Pressure Recovery Factor vs Up-Stream Mach Number
(right)
Table 10. Geometrical Results of the Intake
Dimensions
First Ramp Length (L1)
Second Ramp Length (L2+L3)
Throat Length (L4)
Subsonic Diffuser Length (L5)
Throat Height (H4)
Engine Face Diameter (D6)
Total Intake Length (Top)
Total Intake Length (Bottom)

Values (in)
29.52
75.71
62.67
99.84
34.79
58.3
267.79
204.45

Table 11. Mach Numbers, Shock and Ramp Angles of Each Stages
Parameter

θ1

Θ2

θ3

δ1

δ2

δ3

Ramp Angles

36.11ο

42.42ο

52.51ο

7.09ο

7.62ο

7.75 ο

Mach Number

M0

M1

M2

M3

M4

M5

2.01

1.76

1.49

1.21

0.84

0.67
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By using inviscid relations in the MATLAB code, the intake dimensions, Mach numbers obtained from each station, shock and ramp angles
and are calculated which are stated in Table 10 and Table 11 for supersonic cruise condition, respectively.
4.3. Verification of Supersonic Intake at On-Design with Computational Fluid Dynamics
2-D Computational fluid dynamics analyses were performed using Star CCM+ software to validate the performance of the intake. Boundary
conditions were determined from GasTurb 13 and for the analyses, SST k-ω turbulence model was selected and trimmer mesh with 140 000
cells in the domain was generated. Freestream boundary condition was set as 53 000 ft altitude and Mach 2. Fan inlet boundary was set as
pressure outlet boundary condition, which is 7.912 psi static pressure and 659 Rankine static temperature.

Figure 16. Mach Number Contours

Figure 17. Density Gradient Contours

Computational fluid dynamics analysis shows, Figures 16-17, that first and second oblique shocks touch the cowl lip and are reflected by the
lip again which continues to reflect in the throat. The terminal shock was obtained right before the subsonic diffuser. After external and internal
shocks, the Mach number is investigated and a comparison of MATLAB outputs and CFD results are given in Table 12. In addition, PRF
comparison between MIL-E-5007 Standard, MATLAB code and CFD could also be found in Table 13. A MATLAB code called PHOENIXINTAKE was written by the team for the design of supersonic intake using oblique and normal relations.

Table 12. Mach Number at Stages
Method
M0
M1
M2
M3
M4

M5

MATLAB

2.01

1.76

1.49

1.21

0.84

0.67

CFD

2.01

1.74

1.47

1.10

0.89

0.67

PRF

CFD

Table 13. PRF Result Comparison
RFP PHOENIX-INTAKE MIL-E-5007

0.89

0.936

13

0.94

0.92

Difference %
5.6

Using geometrical outputs from the MATLAB code,3-D geometry of supersonic intake is created which is shown in Figure 18.

Figure 18. 3-D CAD Model of Supersonic Intake

4.4. Supersonic Intake Off Design Performance
Ramp angles could be changed in different flight segments, including various altitude and flight speeds of mixed compression supersonic
inlet. Ramp angles (δ1,2,3) and mass flow properties for three key flight segments are described in detail in Table 14.

Table 14. Variable Ramp Angles for Off-Design Conditions
Segment
Take Off
Supersonic Climb
Supersonic Cruise

Altitude(ft)
0
40000
53000

Mach Number
0.302
1.2
2.01

Mass Flow Ratio
1
0.72
0.95

Mass Flow Rate (lb/s)
1268
481
494.4

δ1
0
0.05
7.1

δ2
0
0.05
7.6

δ3
0
0.04
7.7

At off-design conditions, the terminal shock could not stay downstream or throat. Instead of staying downstream, terminal shock moves
upstream and even it can spill over from the lip which would cause huge boundary layer separation at the upstream of the intake and flow
distortion at the face of the engine. This phenomenon is called an unstart intake or buzz of the inlet. Due to this, there is a possibility that a
compressor stall could occur. Therefore, distortion, buzz must be avoided to stay in the safe zone for the compressor. This condition is called
a subcritical shock which could be seen in Figure 13 [14,17,18].
5. AERODYNAMIC DESIGN OF THE TURBOMACHINERY SYSTEM
This section includes detailed information about the PHOENIX's low-pressure (fan), high-pressure compressor, high-pressure turbine, and
low-pressure turbine designs. For this purpose, initially, the thermodynamic properties and geometrical constraints are determined which were
implemented as boundary conditions for the design by using AxSTREAM software. Furthermore, 1-D and 2-D analyses were performed in
AxSTREAM software after obtaining total temperature, total pressure, and mass flow rate by using GasTurb 13.
After the 1-D and 2-D analyses were completed, the crucial design parameters such as averaged flow and work coefficients, De-Haller number,
diffusion factor, aspect ratios, solidities, chord dimensions, Zweifel coefficient for turbine design were checked and compared with the typical
values which were obtained from the literature survey, the process was followed to acquire 3-D blade geometries of each stage of the
turbomachinery system. Since time duration is given for the design, 3-D numerical calculations, computational fluid dynamics analyses could
not be performed.
5.1. Design Guidelines for Compressors and Technological Limitations
Since the compressor has more design parameters than the other gas turbine components, designing it to the most suitable conditions and
constraints is a difficult and complicated operation. As a result, an iterative approach must be followed, with theoretical estimations based on
certain assumptions being used in particular to simplify the preliminary design process [14,21,22].
In the aviation industry, two types of compressors are used in aviation which are axial compressors and radial, axial compressors. Although
radial compressors have higher stage pressure ratios, axial compressors operate with larger mass flow rates. For higher pressure ratios axial
compressor is a better candidate. Moreover, axial compressor efficiencies are greater than the radial compressors and axial compressors are
more suitable for high volume engines. The axial compressor is selected for PHOENIX Engine.
In turbomachinery design, the isentropic efficiencies of the components are important and must be held on a higher value remaining on the
technological limitations. Components and their technological developments could be seen in Table 15 [14].
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Table 15. Technological Developments of the Turbomachinery Components for given Time Periods [14]
Component
Fan
Compressor
Turbine

Figure of Merit
𝑒𝑓𝑎𝑛
𝑒𝑐𝑜𝑚𝑝𝑟𝑒𝑠𝑠𝑜𝑟
(𝑒𝑡𝑢𝑟𝑏𝑖𝑛𝑒 )uncooled
(𝑒𝑡𝑢𝑟𝑏𝑖𝑛𝑒 )cooled

Type

Uncooled
Cooled

Level of Technology
Level 1 (1985 - 2005) Level 2 (2005 - 2025) (Projected)
̴ 0.86
𝑒𝑓𝑎𝑛 ≥ 0.89
̴ 0.88
𝑒𝑐𝑜𝑚𝑝𝑟𝑒𝑠𝑠𝑜𝑟 ≥ 0.9
̴ 0.89
(𝑒𝑡𝑢𝑟𝑏𝑖𝑛𝑒 )uncooled ≥ 0.9
̴ 0.87
(𝑒𝑡𝑢𝑟𝑏𝑖𝑛𝑒 )cooled ≥ 0.89

In order to design low-pressure and high-pressure axial compressors, some guiding criteria must be followed. Table 16, which includes ranges
of some of the important design parameters and its typical values for axial compressors, is given below.

Table 16. Guidelines on the Ranges and Typical Values of Compressor Parameters [14,21]
Parameter

Range of Values

Typical
Value

Parameter

Range of Values

Typical
Value

Flow Coefficient, φ

0.3 ≤ φ ≤ 0.9

0.6

Tip Rotational Speed, ωrt

450 ≤ ωrt ≤ 500
m/s

500 m/s

Axial Mach Number, Mz

0.3 ≤ M z≤ 0.6

0.55

W2 / W1 ≥ 0.72

0.75

Degree of Reaction, °R

0.1 ≤ °R ≤ 0.90

Πc < 20

up to 20

D-Factor, D
Tip Tangential Mach Number, MT
Reynolds Number Based on Chord,
Rec

D ≤ 0.6
1.0-1.5

0.5 (for
M<1)
0.45
1.3

De Haller Criterion, W2 /
W1
Compressor Pressure Ratio
per Spool
Aspect Ratio, Fan
Aspect Ratio, Compressor

⁓2- 5
⁓1- 4

< 1.5
⁓2

300,000 ≤ Rec

>500,000

DCA Blade (Range)

0.8 ≤ M ≤ 1.2

Same

Stage Average Aspect Ratio, AR

1.0 ≤ AR ≤ 4.0

< 2.0

0.23cz to 0.25cz

0.25cz

Stage Average Solidity, σ
Loading Coefficient, ψ

1.0 ≤ σ ≤ 2.0
0.2 ≤ ψ ≤ 0.5

1.4
0.35

M ≤ 0.8
⁓ 0.8- 1.0

Same
0.8

0.85 ≤ ec ≤ 0.92

0.9

1.5- 2.0

Same

(M1r) tip ≤ 1.7

1.3-1.5

0.6 – 0.75

Same

ωrh ≤ 380 m/s

300 m/s

0.9 -0.92

Same

Polytropic Efficiency, ec
Tip Relative Mach Number (1
Rotor), (M1r) tip
Hub Rotatioanal Speed, ωrh

st

Axial Gap Between Blade
Rows
NACA-65 Series (Range)
Taper Ratio
Pressure Ratio for One
Stage
Hub/Tip Ratio at Inlet,
Compressor
Hub/Tip Ratio at Outlet,
Compressor

In light of the information given above, the design of the low-pressure and high-pressure compressors was conducted. Since the maximum
pressures and temperatures for the turbomachinery parts are obtained at supersonic cruise, all turbomachinery components are designed based
on performance analysis results obtained at supersonic cruise.

5.2. Detailed Low-Pressure (Fan) and High-Pressure Compressor Design
PHOENIX Engine has 1 stage axial low-pressure compressor (fan) and 5 high-pressure stage compressor. The design process is conducted by
using AxSTREAM software. AxSTREAM provides design choices by considering polytropic efficiency as a function of work and flow
coefficients. As boundary conditions, the thermodynamic properties and geometrical dimensions of the low-pressure and high-pressure
compressors obtained using the GasTurb 13 are given in Table 17.
Table 17. Thermodynamic and Geometrical Properties of Low-Pressure and High-Pressure Compressors
Low-Pressure Compressor
Thermodynamic and Geometrical Properties
(Ptotal)inlet [psi]
10.68
ɳisentropic
0.89
(Ttotal)inlet [R]
717.90
Dtip [in]
60.41
(Ptotal)outlet [psi]
16.84
H (blade)1st [in]
19.87
(Ttotal)outlet [R]
827.97
H (blade)min [in]
19.87
494.33
Nstage
1
ṁ [lb/s]
rpm
7500
D (hub)min [in]
20.68
ɳpolytropic
0.9
D (hub)max [in]
20.68

High-Pressure Compressor
Thermodynamic and Geometrical Properties
(Ptotal)inlet [psi]
16.67
ɳisentropic
0.90
(Ttotal)inlet [R]
827.97
Dtip [in]
34.65
(Ptotal)outlet [psi]
165.97
H (blade)1st [in]
7.79
(Ttotal)outlet [R]
1619.64
H (blade)min [in]
2.11
165.21
Nstage
5
ṁ [lb/s]
rpm
11500
D (hub)min [in]
19.07
ɳpolytropic
0.92
D (hub)max [in]
28.46
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After the design space is created, the design with the highest performance value is chosen. The main design parameters, such as the De-Haller
number and diffusion coefficient, are met in this choice. Following the specification of upper and lower limits for these parameters, the
preliminary design of the rotor and stator created by using the values are shown in Figure 19.

Figure 19. Preliminary Design of Low-Pressure Compressor Rotor and Stator (left), Preliminary Design of High-Pressure Compressor Rotor
and Stator (right)
After the preliminary design of the low-pressure and high-pressure compressors are completed, each stage's velocity triangles are obtained, but
only the velocity triangles for the mean section of the blades are given in Appendix since there is a time page limitation. Furthermore, 1-D/2D streamline calculations are performed to determine the total temperature, total pressure, and Mach number distribution in each stage. The
flow path through the fan stages is calculated using a streamline analysis, and critical points are identified by looking for pressure and
temperature changes in each stage. The distribution of temperature, total pressure, and relative Mach number in the first blade's tip section for
low-pressure compressor and the distribution of temperature, total pressure for the high-pressure compressor is given in Figure 20 and Figure
21, respectively.

Figure 20. Temperature Distribution of Fan (left), Total Pressure Distribution of Fan (middle), and Relative Mach Number at Tip Section of
Fan’s Rotor (right)
1620 R

827 R

167 psi

16.68 psi

Figure 21. Temperature Distribution of HPC (top), Total Pressure Distribution of HPC (bottom)
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When the results are reviewed, it is noticeable that they are consistent with the boundary conditions and design constraints obtained from the
survey. Following the blade design, the 3-D rotor and stator geometries for low-pressure and high-pressure compressors are formed, as shown
in Figure 22.

Figure 22. 3-D CAD Geometries of the Fan (left) and the High-Pressure Compressor (right)
Detailed design parameters obtained from AxSTREAM for each stage of the axial fan and high-pressure compressor are given in Table 18
and Table 19, respectively. It is consistent when the results of each parameter are compared with the typical values.
Table 18. Detailed Design Parameters of High-Pressure Compressor
STAGE 1
Rotor Stator
0.737 0.847
0.547
2.46
1.88
1.65
1.28
0.408
32
27
43.32 19.29
40.48 45.71
52.88 95.72
0.71
0.29
3.51
3.34
0.07
0.067
0.035 0.033
0.47
0.58
0.58
0.62

STAGE 2
Rotor Stator
0.736 0.858
0.58
2.03
1.58
1.45
1.21
0.401
37
33
45.04 19.94
36.68 49.63
53.23 96.51
0.65
0.35
2.78
2.56
0.055 0.052
0.027 0.026
0.62
0.71
0.71
0.73

STAGE 3
STAGE 4
Rotor Stator Rotor Stator
De Haller Number
0.738 0.865
0.74
0.87
Flow Coefficient
0.621
0.633
Aspect Ratio
1.71
1.36
1.47
1.19
Solidity
1.31
1.16
1.21
1.08
Work Coefficient
0.412
0.426
Number of Blades
44
40
52
48
Stagger Angle [tan.deg]
44.99 15.50 44.04 14.53
Inlet Metal Angle [tan.deg]
35.11 51.95 34.72 53.47
Outlet Metal Angle [tan.deg]
54.92 97.06 57.19
97.47
Degree of Reaction
0.71
0.29
0.71
0.29
Blade Chord [in]
2.17
2.04
1.73
1.63
Leading Edge Radius [in]
0.043 0.040 0.034 0.032
Trailing Edge Radius [in]
0.022 0.020 0.017 0.016
Hub to Tip Ratio at Inlet
0.73
0.79
0.81
0.85
Hub to Tip Ratio at Outlet
0.79
0.81
0.85
0.86
Mean Radius [in]
13.86
Stage Pressure Ratio
1.728
1.646
1.574
1.51
Polytropic Efficiency [ɳpolytropic]
0.905
0.922
0.928
0.926
Table 19. Detailed Design Parameters of Low-Pressure Compressor

De Haller Number
Flow Coefficient
Aspect Ratio
Solidity
Work Coefficient
Number of Blades
Stagger Angle [tan.deg]
Inlet Metal Angle [tan.deg]
Outlet Metal Angle [tan.deg]
Degree of Reaction
Blade Chord [in]
Leading Edge Radius [in]
Trailing Edge Radius [in]
Hub to Tip Ratio at Inlet
Hub to Tip Ratio at Outlet
Mean Radius [in]
Stage Pressure Ratio
Polytropic Efficiency [ɳpolytropic]
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STAGE 1
Rotor Stator
0.82
0.79
0.69
2.41
3.03
1.61
1.22
0.5
34
26
30.89 20.78
54.79 42.98
63.44 95.44
0.7
0.3
7.56
6.74
0.15
0.14
0.08
0.07
0.3
0.43
0.44
0.49
20.45
1.58
0.925

STAGE 5
Rotor Stator
0.744 0.857
0.652
1.32
1.1
1.15
1.08
0.443
63
59
42.66 13.84
34.97 54.54
59.72 97.79
0.7
0.3
1.36
1.28
0.027 0.026
0.014 0.013
0.86
0.89
0.89
0.9
1.464
0.92

5.3. Design Guidelines for Turbines
The value ranges of certain turbine design parameters based on literature studies are given in Table 20.
Table 20. Certain Design Parameters for Turbines [14,23,24,25]
Parameter
AN2
Loading Factor (ψ)
Exit Mach Number
Exit Swirl Angle
Degree of Reaction at 50% Span, °R
Mach Number between Stages, M2

Typical Values
0.5 - 10 × 1010 in2.
rpm2
1.4 – 2.4
0.4 – 0.5
0 ° – 40 °
0.3 ≤ °R ≤ 0.6
0.85-1.2

Parameter
Zweifel Coefficient, Zw
Degree of Reaction at Hub, °Rhub
Axial Velocity at Hub, Uhub
Hub to Tip Ratio at Inlet
Aspect Ratio

Typical Values
0.7-0.8, for Stators / 0.8 – 1.0, for
Rotors
0.15 < °Rhub
Uhub < 1480-1650 ft/s
0.5 - 0.85
2.5 - 3.5

The same design approach for compressors is followed for turbine design. For detailed design, the point that meets the design requirements
which are consistent with the values that are obtained from the literature survey and has the maximum efficiency for the turbine, is chosen.
5.4. Detailed High-Pressure and Low-Pressure Turbine Design
The PHOENIX Engine has a two-stage high-pressure turbine and a single-stage axial low-pressure turbine (fan). The thermodynamic properties
and geometrical dimensions of the low-pressure compressor obtained with the GasTurb 13 are mentioned in Table 21 as boundary conditions.

Table 21. Thermodynamic and Geometrical Properties of High-Pressure and Low-Pressure Turbines
High-Pressure Turbine
Thermodynamic and Geometrical Properties
(Ptotal)inlet [psi]
159.33
ɳisentropic
0.92
(Ttotal)inlet [R]
2700.59
Dtip [in]
40.88
(Ptotal)outlet [psi]
38.75
H (blade)1st [in]
2.79
(Ttotal)outlet [R]
1992.34
H (blade)min [in]
2.79
163.64
Nstage
2
ṁ [lb/s]
rpm
11500
D (hub)min [in]
34.31
ɳpolytropic
0.91
D (hub)max [in]
35.288

Low-Pressure Turbine
Thermodynamic and Geometrical Properties
(Ptotal)inlet [psi]
166.29
ɳisentropic
0.92
(Ttotal)inlet [R]
1988.38
Dtip [in]
43.01
(Ptotal)outlet [psi]
17.0
H (blade)1st [in]
5.6
(Ttotal)outlet [R]
1657.15
H (blade)min [in]
5.6
166.587
Nstage
1
ṁ [lb/s]
rpm
7500
D (hub)min [in]
26.46
ɳpolytropic
0.91
D (hub)max [in]
31.68

In Figure 23, the rotor and stator geometries of each stage for the High-Pressure and Low-Pressure Turbine in the preliminary design developed
using the values in Table 21.

Figure 23. Preliminary Design of HPT Rotor and Stator (left), Preliminary Design of LPT Rotor and Stator (right)

The velocity triangles for each stage are obtained after the preliminary design of the low-pressure and high-pressure turbines are completed,
but only the velocity triangles for the mean section of the blades are given in Appendix. Additionally, 1-D/2-D streamline calculations are used
to calculate the total temperature and total pressure distributions in each stage, as shown in Figures 24 and 25, respectively. Further, 3-D
geometries of the turbines are given in Figure 26.
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Figure 24. Temperature Distribution of High-Pressure Turbine (left), Total Pressure Distribution of High-Pressure Turbine (right)

Figure 25. Temperature Distribution of Low-Pressure Turbine (left), Total Pressure Distribution of Low-Pressure Turbine (right)

Figure 26. 3-D CAD Geometry of the High-Pressure Turbine (left) and the Low-Pressure Turbine (right)

Figure 27. Smith Chart for Turbine Efficiency
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In Table 22, specific design parameters for high-pressure and low-pressure turbines which are consistent with the literature values are listed.
Further, the Smith Chart which is used to indicate the average efficiency of the turbines, is given in Figure 27.
Table 22. Detailed Design Parameters of High-Pressure and Low-Pressure Turbines

Aspect Ratio
Number of Blades
Solidity
Work Coefficient, Ψ
Degree of Reaction
Degree of Reaction at Hub
Inlet Metal Angle [tan.deg]
Outlet Metal Angle [tan.deg]
Stagger Angle [tan.deg]
Zweifel Coefficient
Hub to Tip Ratio at Inlet
Hub to Tip Ratio at Outlet
Flow Coefficient, Ф
Blade Chord [in]
Mean Radius [in]
AN2 [in2.rpm2×1010]
Stage Pressure Ratio
Exit Mach Number

High-Pressure Turbine
STAGE 1
STAGE 2
Stator Rotor Stator Rotor
1.31
1.45
1.48
2.0
82
88
72
86
1.32
1.43
1.33
1.44
0.81
1.06
0.31
0.69
0.51
0.49
0.26
0.31
0.51
0.51
90
86.69 91.79 89.93
28.39 29.62 26.41 27.09
44.61 42.40 46.63 45.38
0.88
0.83
0.70
0.78
0.9
0.83
0.86
0.82
0.91
0.88
0.84
0.81
0.47
0.60
1.67
1.49
1.9
1.71
16.52
2.22
2.97
3.86
4.69
1.73
2.37
0.48

Low-Pressure Turbine
STAGE 1
Stator
Rotor
3.09
4.21
69
81
1.36
1.39
0.9
0.5
0.5
0.41
0.42
90
98.64
32.49
29.84
42.36
40.71
0.92
0.76
0.84
0.72
0.7
0.68
0.64
2.08
1.88
16.615
3.92
5.01
2.26
0.5

5.5. Nozzle Guide Vane Cooling
Although the ability to operate at high temperatures has a critical role in improving the performance of jet engines, an adequate amount of
cooling is needed to sustain high turbine inlet temperatures for a long time. As a result, nozzle guide vane cooling is an important design issue
[26]. First-stage stator blades are exposed to high temperatures from the combustor, whereas first-stage rotor blades are colder due to the
dilution of hot gases with first-stage stator cooling air. On new aircraft engines, approximately 20% of the compressor discharge flow is used
for cooling [27]. Turbine blade cooling methodologies and ranges of turbine-inlet temperatures for relevant cooling systems are illustrated in
Figure 28.

Figure 28. a) Convection Cooling, b) Impingement Cooling, c) Film Cooling, d) Full-Coverage Film Cooling, e) Transpiration Cooling [21]
(left), Cooling Systems for Ranges of Turbine Entry Temperatures [14] (right)

Considering the analyses and the information given above, convection and film cooling methodologies are selected for PHOENIX. The
designed nozzle guide vane for PHOENIX is given in Figure 29.
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Figure 29. Cooled Nozzle Guide Vane of the PHOENIX
6. COMBUSTION CHAMBER DESIGN
This section contains detailed information about the combustion chamber of the PHOENIX Engine. The combustion chamber is the part of a
jet engine that burns the fuel and air mixture. To achieve a high combustion efficiency, proper air and fuel mixing are essential. Fitting a swirler
in the dome around the fuel injector is one of the most efficient ways of inducing flow recirculation in the primary zone [28]. With the aid of
swirlers, liquid fuel should be atomized into tiny droplets as quickly as possible for high combustion efficiency. In addition, many criteria must
be considered when designing a highly efficient combustion chamber, and the combustor must meet a broad range of requirements [28].
Combustion chambers are classified into three different types, which could be expressed as the can combustor (tubular), annular combustor,
and can-annular (tubo-annular) combustor. Due to its clean aerodynamic structure, fully annular combustion is the most widely used type of
combustor. As compared to other types of the combustor, the annular combustor has many advantages which could be given as more uniform
combustion, less surface area, and shorter size compared to other types of the combustor, tending to have uniform exit temperatures, having
the lowest pressure difference (approximately 5% of combustor inlet total pressure), and simplified design are among these advantages [28].
The three types of the combustor are given in Figure 30.

Figure 30. The Types of the Combustor (Annular Combustor (left), Can Combustor (middle), Tubo-annular Combustor (right)) [29]

As a result, the annular combustor was chosen and designed for ETU-PHOENIX. The critical components of annular combustion and the
geometry of the combustion chamber are depicted in Figure 31.

Figure 31. Geometric Representation and Main Components of an Annular Combustor [28]
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6.1. Selection of the Pre-Diffuser Configuration
Compressor outlet velocities could exceed 558 ft/s or higher in many aircraft engines. Before the combustion process can begin, the air velocity
must be reduced significantly, typically to one-fifth of the compressor outlet velocity [28].
In Figure 32, the annular dump diffuser principle is illustrated. Even though the dump configuration has a pressure loss because of the sudden
expansion at the pre-diffuser outlet, the length and weight savings more than compensate for this penalty. Due to these characteristics, a dump
diffuser is particularly beneficial in aircraft applications. In addition, the dump diffuser provides a reliable flow pattern that is unaffected by
manufacturing tolerances, differential thermal expansions between the liner and combustor casing, and changes in inlet velocity profile [28].
Considering the information given above, it is decided to select a dump diffuser configuration for the ETU-PHOENIX Engine.

Figure 32. Representation of the Dump Diffuser [28]

6.2. Fuel Atomizing Flow
The processes of liquid atomization and evaporation are critical to the efficiency of a gas turbine combustion system. As a result, liquid fuel
can be atomized into many droplets with a smaller droplet size inducing quick evaporation. For this purpose, there are numerous atomizer
design trends. For PHOENIX Engine, a pre-filming radial-axial air-blast swirler type atomizer was chosen since it enables central recirculation
vortex structures and liner walls are relatively cold, reducing exhaust smoke [30.31]. The air-blast atomizer, which is used for PHOENIX
Engine, is given in Figure 33.

Figure 33. Air-blast Atomizer of ETU-PHOENIX

6.3. Selection of the Rich-Burn Quick-Quench Lean-Burn (RQL) Configuration
NOx emissions are another critical factor to consider when designing a combustion chamber. A low-emission design includes a balance that
allows for enough time and temperatures to complete the reactions. Three separate concept modeling approaches are highlighted for this reason.
Lean-Premixed-Pre-vaporized Combustor (LPP), Rich-Burn Quick-Quench Lean-Burn (RQL), and Direct Injection are the three types of
combustion systems (DI) [32].
RQL concept is chosen for PHOENIX Engine due to the rich region, where NOx formation rates are poor due to combined effects of oxygen
depletion and low temperature inducing good stability, fast mixing with the rest of the combustion air in the quick quench zone [30,32]. In
order to reduce the volume rates of smoke, carbon monoxide (CO), and unburned hydrocarbons (UHC), the primary zone equivalence ratio
should not be greater than 1.6. The definition of the equivalence ratio is given in terms of FAR (Fuel Air Ratio) as shown in Eqn. (6.3.1).
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Փ=

mfuel /mair
= (𝐹𝐴𝑅)/(𝐹𝐴𝑅)𝑠𝑡
(mfuel /mair )st

(6.3.1)

6.4. Advanced Cooling Techniques
Cooling is used in most modern gas turbines. About 40 percent of the air leaving the compressor is used for cooling. Liners are used to keep
the combustion process contained and to ensure that enough air is distributed to all of the various combustion zones. The liner must be thermally
resistant enough to endure continuous and cyclic high-temperature operation, as well as structurally strong enough to withstand the buckling
load produced by differential strain. This could be achieved by the efficient use of cooling air and the application of suitable materials [30].
Film cooling is the most common method of protecting the combustion chamber. The method's key benefit is that the cooling slots could be
built to withstand extreme pressure and thermal stresses at high temperatures for thousands of hours. Furthermore, the stiffness offered by the
cooling slots results in a lightweight and mechanically robust liner construction [28]. The film cooling method is depicted in Figure 34.

Figure 34. Film Cooling Methodologies ( (a) Wigglestrip, (b) Stacked Ring, (c) Splash-Cooling Ring, (d) Machined Ring ) [28]
For the PHOENIX Engine, stacked ring film cooling is chosen. The cooling-air velocity could be maintained at the optimum value for optimal
cooling effectiveness, regardless of the actual pressure drop through the liner, which is a benefit of this technique [28]
6.5. Geometry and Performance of the Combustion Chamber
A recently developed MATLAB code was used to calculate the combustor's geometrical dimensions and important combustion performance
parameters. While determining the critical dimensions of the combustion chamber, some assumptions were made. Table 23 shows the typical
values of the combustion chamber design parameters and the assumptions selected for the ETU-PHOENIX Engine.
Table 23. Typical Design Parameters of the Combustion Chamber [30,31,33,34]
Design Parameters

Typical Values

Assumptions

Design Parameters

Reference Velocity (ft/s)
Dome Velocity (ft/s)

16 - 131
22 - 40

120.39
29.36

Passage Mach Number

0.1 - 0.15

0.12

Pattern Factor (PF)

0.2 – 0.3

0.3

Mean Flame Tube
Temperature (R)
Snout Discharge Coefficient

3600 – 4500 R

3960 R

1

1

Stoichiometric FAR (Fuel to Air Ratio)
Equivalence Ratio in the Primary Zone
(Փpz)
Equivalence Ratio in the Secondary
Zone (Փsz)
The Ratio of Primary Zone Length to
Flame Tube Height
The Ratio of Secondary Zone Length to
Flame Tube Height
Total Pressure Loss in Diffuser (ΔP)

Typical
Values
0.0685
1.2 – 1.6

Assumptions

0.4 – 0.8

0.7

1 – 1.1

1

1.2 - 1.3

1.2

1%

1%

In Table 24, the design conditions for the combustion chamber as determined by GasTurb 13 are given.
Table 24. On-Design Conditions of the Combustion Chamber
Parameter
Total Air Mass Flow Rate (lb/s)
Total Fuel Mass Flow Rate (lb/s)
Mach Number at Combustor Inlet
Mach Number at Combustor Outlet
Total Temperature at Combustor Inlet (R)

Value
153.9
2.86
0.25
0.3
1619.64

Parameter
Static Temperature at Combustor Inlet (R)
Total Temperature at Combustor Outlet (R)
Static Temperature at Combustor Outlet (R)
Total Pressure at Combustor Inlet (psi)
Total Pressure at Combustor Outlet (psi)
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Value
1602.02
2744.74
2708.63
165.97
159.33

0.0685
1.5

Geometric results of the combustion chamber as a result of the calculations made for on-design condition using the MATLAB code are given
in Table 25.
Table 25. Geometrical Results of the Combustion Chamber
Geometrical Parameters
Combustion Chamber Angle (degree)
Diffuser Inlet Area (in2)
Diffuser Inlet Height (in)
Diffuser Angle (degree)
Diffuser Area Ratio
Diffuser Length (in)
Dome Area (in2)
Dome Height (in)
Dome Length (in)
Dome Diffuser Angle (degree)
Flame Tube Volume (in3)
Primary Zone Length (in)
Secondary Zone Length (in)
Dilution Zone Length (in)
Combustion Inner Radius (in)
Primary Hole Diameter (in)
Secondary Hole Diameter (in)
Dilution Hole Diameter (in)
Swirler Diameter (in)

Value
8.60
172.52
1.626
48.85
0.80
0.142
556.14
4.189
0.599
52.81
6022.1
3.69
6.89
3.43
14.39
0.67
0.63
0.47
2.28

Geometrical Parameters
Reference Height (in)
Snout Inner Area (in2)
Snout Inner Height (in)
Snout Outer Area (in2)
Snout Outer Height (in)
Total Length of Combustor (in)
Liner Length (in)
Liner Inner Radius (in)
Liner Outer Radius (in)
Recirculation Zone Length (in)
Recirculation Zone Angle (degree)
Reference Area (in2)
Passage Area (in2)
Passage Height (in)
Combustion Outer Radius (in)
Primary Hole Number per Nozzle
Secondary Hole Number per Nozzle
Dilution Hole Number per Nozzle
Number of Fuel Nozzle

Value
5.024
27.59
0.26
138.11
1.95
18
14.01
14.80
19.0
3.354
64.54
666.7
110.52
0.665
19.41
4
4
8
24

In addition, the parameters related to a flame tube hole, which could be defined as crucial parameters, are shown in Table 26.
Table 26. Flame Tube Hole Parameters
Parameters
Jet Velocity (ft/s)
Primary Hole Discharge Coefficient
Secondary Hole Discharge Coefficient
Dilution Hole Discharge Coefficient

Value
̴ 330
0.55
0.5
0.63

In order to determine whether the combustion chamber design obtained is effective, several constraints were also considered. The combustion
chamber performance constraints are given in Table 27.
Table 27. Performance Constraints of the Combustion Chamber [30,31,33,34]
Design Parameters
Loading Factor (kg/bar1.8m3s)
Combustion Intensity (MWx104/m3atm)
Residence Time (ms)
Air Liquid Ratio (ALR)

Typical Values
Ω <1
Icomb > 50
τres > 3
ALR >7

The combustion chamber performance parameters can be seen in Table 28. When the results are reviewed, the values obtained from MATLAB
results are compatible with the values in the literature.
Table 28. Combustion Chamber Performance Parameters
Parameters
Residence Time (ms)
Loading Factor (kg/bar1.8m3s)
Combustion Intensity (MWx104/m3atm)
Air-Liquid Ratio
Air-Fuel Ratio
Global Equivalence Ratio
24

Value
4.10
0.51
54.57
7.59
53.88
0.271

The designed combustion chamber geometry as a result of the MATLAB outputs is given in Figure 35.

Figure 35. 3-D CAD Model of the Combustion Chamber of ETU-PHOENIX (left), 180° Section of the Combustion Chamber of ETUPHOENIX (middle), 15° Section of Annular Combustion Chamber of ETU- PHOENIX (right)

6.6. Computational Fluid Dynamics Analysis and Combustion Chamber Efficiency
Combustion efficiency compares the real rate of heat release in a burner to the maximum theoretical rate of heat release [14]. The combustion
loading parameter (𝜃), which correlates well with the combustion efficiency, is introduced by Lefebvre for a gas turbine combustion chamber
which is given in Equation 6.6.1. In Equation 6.6.1, ’b’ is defined as the reaction parameter which depends on the primary zone equivalence
ratio(φpz). In addition, the relationship between combustion efficiency and combustion loading parameter is given in Figure 36 which also
indicates the combustion efficiency of the combustor of PHOENIX.
𝑇

𝑃1.75 𝐴𝑅 ℎ𝑒 𝑏
𝜃=
𝑤𝑎

,

𝑏 = 382 ( √2 ± 𝑙𝑛 (

φ𝑝𝑧
))
1.03

[(+) 𝑓𝑜𝑟 , φpz

<1.03, (-) for φpz >1.03]

(6.6.1)

Figure 36. Combustion Efficiency vs. Combustion Loading Parameter [14] (left), Design Parameters and Values for Supersonic Condition
(right)
3-D computational fluid dynamics analysis is performed using outputs using Siemens STAR CCM+. These calculations were examined in the
sector of 15° considering 24 fuel injectors. The polyhedral mesh was created for the geometry shown above. Detailed information about the
mesh is given in the following Table 29. The generated mesh scene taken from a middle plane of the geometry and the boundary conditions
used in computational fluid dynamics analysis is given in Figure 37. In addition, the meshes in the primary, secondary jets, cooling (dilution)
holes, and swirler are tightened.

Table 29. Information Related with Generated Mesh
Mesh Type
Polyhedral Mesh

Number of Cells
1825485

Number of Prism Layers
7
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Base Size (mm)
7.5

Figure 37. Boundary Conditions of the Geometry (left), Generated Mesh for the Geometry (right)

In this analysis, the Realizable k-ε Turbulence Model and the Standard Eddy Break Up (SEBU) combustion model is used. Shih et al. [Turbulent
Flow/Pope] developed the realizable k-ε turbulence model for flow problems for which the Standard k-ε model is insufficient. The standard
Eddy Break Up (SEBU) is a combustion model, a fast chemistry approach proposed by Spalding in 1970 [31].
The temperature at mid-plane, the temperature at outlet plane, velocity magnitude at mid-plane, and velocity vector at mid-plane contours are
given in Figure 38.

Figure 38. Temperature at Mid-Plane (top-left), Temperature at Outlet Plane (top-right), Velocity Magnitude at Mid-Plane (bottom-left),
Velocity Vector at Mid-Plane (bottom-right)
If the results of the analysis are examined, it could be seen that the recirculation zones help the mixing of fuel and air. For effective cooling of
liners, the Mach number should be kept lower than 0.15, which was achieved. As could be seen from Exit Temperature contours, the regions
that contact with the nozzle guide vane were kept lower, which is necessary for avoiding the nozzle guide vanes from higher temperatures. As
a result of the 3-D computational fluid dynamics analysis, the outlet temperature distribution (Mass flow averaged), combustion efficiency,
and pressure difference which are essential parameters for the combustion chamber, were calculated and given in Table 30.

Table 30. CFD Results of the Combustion Chamber
Combustion Efficiency (πcomb)
Total Temperature at Outlet (R)
Pressure Difference
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98.7%
2728.8
3.01%

7. MIXER DESIGN
Turbofan jet engines have hot & fast core and cold & slow bypass flow, and in mixed flow turbofan jet engines, these two flows are mixed
before the engine outlet, as shown in Figure 39 (Left). However, if these two flows meet as they are, the mixing will be in a chaotic way, and
it causes noise and loss of thrust. In addition, this not well mixed low-density hot core flow will cause high velocities at the nozzle outlet. It
might be considered positive for thrust, but it significantly increases the noise. However, the relatively quieter flow with higher density and
lower velocity are desirable, especially for SST airplanes like Concorde. To provide this, mixers are designed to mix the flows with as little
pressure loss as possible by creating a vortex, as shown in Figure 39 (Right). For this reason, a mixer should be used in mixed flow turbofan
jet engines like the Phoenix.

Figure 39. Mixed Flow Turbofan Engine Core and Bypass Flow (Left), Expected Flow Development from The Mixer (Right) [35]
7.1 Mixer Type, Number of Lobes and Shape Selection

State-of-the-art and widely used lobe-forced mixer type is selected because of the mixing performance and low total pressure loss. However,
this mixer type can be used in different shapes and numbers of lobes. Firstly, to select the number of lobes of the mixer, various mixers were
compared as shown in Figure 40 from Reference [37]. As shown in the figure below, with the increasing number of mixer lobes, an increase
in the quality of the mixture has been observed from mixedness index and temperature distribution with the cost of pressure drop, however,
because of the significant change in mixture quality, 18 lobes selected as a number of lobes of the mixer.

Figure 40. Comparison of Mixers with Different Number of Lobes (Left: Total Temperature Contours, Top-Right: Mixedness Index - Axial
Distance Graph, Bottom-Right: Mixedness Index & Pressure Drop Values) [37]
Secondly, to select the mixer shape of the Phoenix, various mixers from Reference [38] and Reference [39] were compared. Pressure drop, 𝜎
(Total pressure recovery coefficient), 𝑛𝑡𝑟 and mixedness index is selection criteria. While mixedness index and 𝑛𝑡𝑟 are about mixture quality,
Pressure drop and 𝜎 is about how much energy is lost during the mixing. After the mixer, a length is required for mixing to develop, and the
ratio of this length to diameter is around 1.5 for the Phoenix. Under these conditions, as shown in Figure 41, the longer nail NSwALN mixer
shape gives the highest mix quality for 1.5 x/d with relatively low-pressure loss. In addition, considering both articles, it has been seen that the
longer nail structures significantly increase the mixing performance. However, in high lobe numbers, when all the nails are extended, the nails
intersect with each other. For this reason, to have both 18 lobe numbers and long nails, two lobes and one penetrating long nail structure are
selected like NSwALN type mixer for Phoenix mixer.
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Figure 41. Thermal Mixing Efficiency and Total Pressure Recovery Coefficient Along the Axis of the Different Lobed Mixers and Mixer
Geometries [39]
GasTurb 13 was used to determine geometric lengths. For the required lobe angles, the ratios of the NSwALN mixer type are used according
to the determined number of lobes. Then, using these geometric quantities, the mixer design of the Phoenix engine was completed in the CAD
design, as shown in Figure 42.

Figure 42. Geometry Inputs and 3-D CAD Design of the ETU-PHOENIX Mixer

8 VARIABLE NOZZLE DESIGN

The nozzle design goals of the PHOENIX engine are to bring the exhaust gases to the required speeds and to keep the pressure loss to a
minimum while doing this, to provide the necessary thrust under on-design and off-design conditions, to keep the exhaust gases outlet pressure
equal to or slightly higher (under-expanding) atmospheric pressure. It consists of certain basic criteria such as reducing jet noise, having a long
cycle life, and being low cost and light while doing all these.

8.1 Nozzle Type Selection
The nozzle type should be decided as the first step of the nozzle design process. Equation 8.1.1 from Farokhi [14] is used in order to decide
the appropriate nozzle between two basic nozzle options, which are convergent and divergent.
Fg−condi
1 − (NPR)
=√
γ−1
Fg−conv
γ+1

−

γ−1
γ

γ

×

γ

γ + 1 γ−1
1
γ + (1 − (
)
×
)
2
NPR

= 1.126

(8.1.1)

NPR, Nozzle Pressure Ratio (P07/P0) = 11.9416
γ, Ratio of specific heats = 1,2112
When the result of the equation is examined, using the convergent-divergent nozzle for the on-design condition provides 12.6% more thrust
than the use of the convergent nozzle. According to Farokhi [14], it is recommended to use convergent-divergent nozzles in cases of 5.5% and
above thrust increases.
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8.2 Variable Nozzle Geometry
To create an appropriate nozzle geometry, three steps were followed. Firstly, a literature survey was made to find some relations to select
proper dimensions for a nozzle. Then, these relations were applied to the Phoenix engine, and a nozzle geometry was formed. Lastly, CFD
analyzes were executed to give the nozzle its final shape and also to check the off-design characteristics of the nozzle.
8.2.1 Literature Survey About Nozzle Geometry Calculations
Before starting to design nozzle geometry, a literature survey was made. Then, some calculations were made according to these studies. From
Saeed Farokhi’s Aircraft Propulsion [14], the necessary equations were found to create the nozzle geometry and according to the equations, an
original MATLAB code was created. Outputs from the GasTurb13 software were expected to match to verify the MATLAB code. Also, the
Specific heat ratio of exhaust gasses at 8th and 9th stations is used to calculate most of these values. Thus, for that calculations Equation (8.2.1)
is solved iteratively in MATLAB.
𝑇𝑠8 =

𝑇08
𝛾 −1
(1 + 1
× 𝑀8 )
2

,

𝑇𝑠9 =

𝑇09
𝛾 −1
(1 + 2
× 𝑀9 )
2

(8.2.1)

After calculating 𝛾1 and 𝛾2 , an average of these two values 𝜸 is calculated:
𝛾1 + 𝛾2
2

𝛾=

(8.2.2)

Next, Mass Flow Parameter (MFP) is calculated by using Equation (8.2.3) to calculate the throat area required for the chocked condition where
Mach Number equals “1”.
𝛾+1

𝛾
𝛾 + 1 2(1−𝛾)
𝑀𝐹𝑃 = √ × (
)
𝑅
2

(8.2.3)

Nozzle throat area (𝐴8 ) is calculated by using Equation (8.2.4)
𝑀𝐹𝑃 =

𝑚̇8 √𝑇08
𝐴8 𝑃08

(8.2.4)

Nozzle exit area (𝐴9 ) is calculated by using the nozzle area ratio (𝐴9 /𝐴8 ). However, the existence of a boundary layer on a surface represents
a displacement thickness blocking the geometric flow field. There is also a total pressure loss associated with the formation of the boundary
layer in the wall. The combined effect of these parameters on the mass flow rate is called the “Discharged Coefficient (𝐶𝐷 )”. With this
coefficient, the effective nozzle throat area (𝐴8𝑒 ) can be calculated.
𝐶𝐷 =

𝐴8𝑒
𝐴8

(8.2.5)

With discharged coefficient and non-discharged coefficient, nozzle exit numbers (𝑀9 and 𝑀9𝑖 ) can be calculated using Equation (8.2.9).
𝛾+1

𝛾+1

𝐴9
1
2
𝛾 − 1 2 2𝛾−2
=
((
) (1 +
𝑀9 ))
𝐴8𝑒 𝑀9 𝛾 + 1
2

2𝛾−2
𝐴9
1
2
𝛾−1
=
((
) (1 +
𝑀9𝑖 2 ))
𝐴8 𝑀9𝑖 𝛾 + 1
2

,

(8.2.6)

Using the isentropic equations, the ratio of static pressure and the total pressure at the outlet of the nozzle can be calculated for the values of
discharged coefficient and non-discharged coefficient nozzle exit numbers from Equation (8.2.9).
𝑃9
1
=(
)
𝛾
−
1 2
𝑃09
1+
𝑀9
2

𝛾
𝛾−1

𝑃9𝑖
1
=(
)
𝛾
−
1
𝑃09𝑖
1+
𝑀9 𝑖 2
2

,

𝛾
𝛾−1

(8.2.7)

By putting the calculated pressure ratios, the velocity for discharged and non – discharged values at the nozzle exit is obtained by Equation
(8.2.8).
𝛾−1
𝛾

2𝛾
𝑃9
𝑉9 = √𝑅 × 𝑇08 √
(1 − ( )
𝛾−1
𝑃09

)

,

𝑉9𝑖

𝛾−1
𝛾

2𝛾
𝑃9
= √𝑅 × 𝑇08 √
(1 − ( )
𝛾−1
𝑃09

)

(8.2.8)

Nozzle exit flow velocity coefficient that measures the extent of viscous flow losses in the exhaust plane which define as 𝐶𝑣 . It is the ratio of
actual nozzle exit velocity with discharged and non - discharged value.
𝐶𝑣 =
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𝑉9
𝑉9𝑖

(8.2.9)

An angularity loss coefficient is the ratio of axial (momentum) thrust to the momentum thrust of an equivalent bell-shaped nozzle which is
gross thrust actual. It can be calculated from Equation (8.2.10)
𝐹𝑔 = 𝐶𝐴 𝑚̇9 (𝑉9 − 𝑉𝑎𝑖𝑟 ) + (𝑃9 − 𝑃0 )𝐴9

(8.2.10)

Ideal gross thrust is calculated from Equation (8.2.11). Finally, nozzle gross thrust is obtained by Equation (8.2.13).
𝐹𝑔𝑖 = 𝑚̇8𝑖 × (𝑉𝑠 − 𝑉𝑎𝑖𝑟 )

(8.2.11)
𝛾−1
𝛾

2𝛾
𝑃0
𝑉9 = √𝑅 × 𝑇08 √
(1 − ( )
𝛾−1
𝑃08
𝐶𝑓𝑔 =

(8.2.12)

)

𝐹𝑔
𝐹𝑔𝑖

(8.2.13)

Convergent–divergent nozzle with the primary, secondary, and exit flow, each identified with a loss parameter 𝐶𝐷 , 𝐶𝑉 and 𝐶𝐴 . One of the most
important factors when designing a nozzle is to determine whether the expansion of the flow. Expansion is an operation that transforms the
thermal energy of the combustion into kinetic energy to move an object onward [41].
In an ideal nozzle, the exit pressure (𝑃9 ) will be equal to the ambient pressure (𝑃0 ). To check the expansion situation of the nozzle, CFD analyzes
are examined to see the effect of divergent half-angle value on expansion types in the following sections.
8.2.2 Phoenix Engine Variable Nozzle Geometry Calculation

The MATLAB code prepared by the Phoenix Design Team is used to create the nozzle geometry. The code is derived from isentropic nozzle
relationships and Mattingly Aircraft Engine Design source. In order to verify the MATLAB code, the outputs obtained in the design case are
compared with the outputs from the GasTurb13 program. Table 31 shows the validation results.
Table 31. Nozzle MATLAB Inputs and Outputs for On-Design Condition

Inputs

Throat Mass Flow Rate 𝑚̇8 (kg/s)
Ambient Pressure P0 (kPa)
Throat Total Temperature T08 (K)
Throat Total Pressure P08 (kPa)
Discharge Coefficient Cd
Area Ratio A9/A8
MATLAB Outputs
Throat Area A8 (m2)
1.2270
Throat Radius R8 (m)
0.645
Nozzle Exit Area A9 (m2)
2.631
Nozzle Exit Radius R9 (m)
0.915
Nozzle Exit Mach Number M9
2.2633
Nozzle Exit Velocity (m/s)
806.62

224.847
10.039
631.23
119.879
0.95
2.1443
GasTurb13 Outputs
Throat Area A8 (m2)
Throat Radius R8 (m)
Nozzle Exit Area A9 (m2)
Nozzle Exit Radius R9 (m)
Nozzle Exit Mach Number M9
Nozzle Exit Velocity (m/s)

1.173
0.611
2.516
0.896
2.2632
819.44

% Dif.
4.6
4.9
4.57
2.1
≈0
1.56

As can be seen from Table 31, the generated MATLAB code gives results that very close to the GasTurb13 outputs. Code entries for on-design
and off-design conditions to design the convergent-divergent nozzle of the PHOENIX Engine are given in Table 32 below.
Table 32. Input Parameters of Each Mission Profile
Inputs
Throat Mass Flow Rate 𝑚̇8 (kg/s)
Ambient Pressure P0 (kPa)
Throat Total Temperature T08 (K)
Throat Total Pressure P08 (kPa)
Discharge Coefficient Cd

Mission Profiles
Cruise Take-Off Climb
224.847
577.98
224.85
10.039
101.325
21.663
631.23
540.64
557.12
119.879 153.841 109481
0.95
0.95
0.95

Using the inputs given above, configurations for the ideal convergent-divergent nozzle are created by giving values equal to or very close to
the atmospheric pressure of the nozzle outlet pressure. Nozzle design parameters for on-design and off-design conditions are given in Table
33 below.
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Table 33. Calculated Nozzle Parameters for Mission Profiles (MATLAB)
Parameters
Area Ratio A9/A8
Throat Area A8 (m2)
Effective Throat Area A8e (m2)
Nozzle Exit Area A9 (m2)
Nozzle Gross Thrust Coefficient Cfg
Velocity Coefficient Cv
Actual Nozzle Gross Thrust Fg (kN)
Ideal Nozzle Gross Thrust Fgi (kN)
Nozzle Exit Mach Number M9
Ambient Pressure P0 (kPa)
Nozzle Exit Pressure P9 (kPa)
Nozzle Exit Velocity V9 (m/s)

Cruise
2.1443
1.2331
1.1714
2.6442
0.9723
0.988
467.07
480.36
2.2633
10.04
119.88
806.624

Take Off
1.0
2.3267
2.2104
2.3267
0.8713
0.8274
352.53
404.63
0.80
101.325
153.753
352

Climb
1.35
1.2673
1.2040
1.7109
0.9717
0.9751
637.77
656.33
1.7084
21.663
109.481
644.56

8.2.3 Computational Analysis of the Nozzle Geometry
In GasTurb13, the angle for the convergent part is given as 11.23°. Keeping this angle constant, CFD analyzes will be done by changing the
angle of the divergent section. Divergent part half-angle was tested in CFD analysis with 11,13 and 15 degrees. CFD analyzes were done using
the Siemens STAR CCM+ software. The CFD analysis was expected to have a nozzle exit static pressure (P 9) and nozzle exit Mach number
(M9) similar to the nozzle designed with the MATLAB code and also have no flow separation. In order to get faster results from the CFD
analysis, since the geometry is symmetrical, 2D-Axisymmetric computational fluid dynamics (CFD) analyzes were performed using the half
of the geometry. The mesh is formed with approximately 230000 cells. The mesh properties are Trimmer mesher, prism layer mesher and
surface re-mesher. Boundary Conditions could be seen in Figure 43.
.

Figure 43. Boundary Conditions of the Nozzle Geometry

Expansion
Shock
Shock

Figure 44. Mach Number and Density Gradient Contours of Geometries with Divergent Section Angles of 11,13 and 15 Degrees
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As can be seen from the analyzes above, no separation occurred in any of the geometries. However, the position of the shock in the nozzle
changes. For this reason, differences occur in the values at the output of the nozzle. In Table 34 below, the average Mach number measured at
the exit of the nozzle and absolute static pressure values are given.
Table 34. CFD, MATLAB and GasTurb13 Results of the Nozzle

Divergent Angle
Mach Number
Absolute Pressure (kPa)

CFD
11°
2.22
10.5

13°
2.24
10.4

15°
2.22
10.59

MATLAB
13°
2.26
9.7

GASTURB
13°
2.26
10.07

As can be seen, the CFD analysis results are close to each other for each angle value. Although the data of the 13° degrees are closer to the
MATLAB and GasTurb13 outputs, it was decided to have a nozzle divergence angle of 11° because 11° angle corresponds to a shock-free
nozzle case.

8.2.4 Off-Design Operation
Since the noise of the Concorde was a great issue, nozzle exit jet velocity of take-off condition is a big concern. In GasTurb13 software,
velocity below 1150 ft/s at 9th station was achieved. To validate this, another CFD analysis were made with similar boundary and mesh
conditions to the on-design condition which can be seen in Figure 45.

Exit Mach Number= 0.81
Exit Velocity= 1158 ft/s

Figure 45. CFD Analysis of Off-Design Condition
From this analysis, velocity and Mach number at station 9 is achieved 1158 ft/s and 0.81, respectively. With that output, the validation can be
said to be met.
8.3 Variable Exhaust Nozzle

In fully variable nozzles, different area ratios are obtained by expanding and narrowing the throat and the outlet section to the desired extent.
In this way, ideal thrust values are obtained in other off-design conditions, excluding the on-design condition [40]. In addition, in fully variable
nozzles, the back pressure value is decreased by increasing the throat area and thus, the power required for engine start-up is possible with
lower turbine inlet temperatures with the increase in the expansion ratio [21].
Optimal nozzle geometry can be achieved by variable area fan nozzles for all flight phases. With varying the area of a jet engine’s nozzle for
varying Mach number, altitude, etc. substantial can optimize fan loading and enhanced fuel consumption and emissions, and also reduction in
noise can be accomplished. Varying the fan nozzle area, and thus the ratio of engine bypass is an incredibly efficient way to minimize noise
during takeoff and approach [43]. Nevertheless, several studies have shown the most significant factor impacting range is total weight. Hence,
it is necessary to reduce additional weight due to noise reduction devices and evaluation of the selection of a complex nozzle should be done,
even though it allows for a reduction in jet noise [44].
For these reasons, Variable Geometry Chevrons (VGC) using compact, lightweight and robust thermally activated shape memory alloy (SMA)
actuators are chosen. Chevrons are triangular notches in the nozzle exit plane along the rear edge of a jet engine primary and/or secondary
exhaust nozzle to control the engine's exhaust flow and suppress noise from both the environment and the shock cell. Moreover, it is possible
to significantly minimize jet noise by facilitating advantageous flow mixing with these strip mechanisms. A 2-5 dB reduction in far-field noise
can be achieved according to General Sound Pressure Level Measurements (OASPL).
The ability to change the area allows the chevron to enter the flow to reduce noise during take-off and withdraw reduced thrust losses during
cruise [45]. Significant advantages can be achieved with exhaust nozzles with area changes of 10-20%, and Boeing has tested a scaled variable
area jet nozzle that can adjust the area by 20% [46]. The final geometry of the PHOENIX Engine’s nozzle is given in Figure 46.
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Figure 46. 3-D CAD Model of the ETU-PHOENIX Engine’s Nozzle
9. SHAFT DESIGN

The shaft design is the most crucial component in geometric sizing since increasing performance values lead to higher engine temperatures
and shaft rotational speeds. Moreover, as engine complexity increases, so do the loading values on the shaft [47,49]. The critical speed of the
shaft is one of the most significant parameters in shaft design. The critical velocity of the shaft is defined as the speed at which the natural
frequency of objects rotating around their axes expands and axial deviations increase [48].
Operating the shaft near the critical speed value results in unbalanced loads in the engine. It is a critical parameter for the engine's lifecycle.
As a result, the shaft should be kept as far away from the critical speed as possible, and operating conditions near the critical speed should be
kept as short as possible. Otherwise, this causes a variety of issues within the engine.
The material used for the shaft has an effect on the critical speed of the shaft and hence the system. The shaft should be as light as possible
while still being resistant to high temperatures and heavy loads. As a result, before beginning calculations, the shaft material must be selected.
Super CMV was selected as a material for the PHOENIX Engine and is discussed in the Material Selection section.
The general shaft structure and bearing numbers for the PHOENIX engine were calculated based on literature surveys, and the number, location,
and types of bearings are shown in Figure 47. Pratt & Whitney introduces this shaft concept for Energy Efficient Engines for next-generation
engines. This shaft structure is intended to reduce the effects of certain previous engine drawbacks (such as limited aerodynamic options, noise
considerations, and mechanical complexity) [52]. Classical roller bearing has been more appropriately chosen in terms of reliability and
applicability. Hence, two ball bearings and three roller bearings were selected for the ETU-PHOENIX Engine [50].

Figure 47. Two Spool Shaft Structure and Bearing Placement [47]
The PHOENIX Engine’s shaft is a two-spool shaft, one with a lower RPM for Fan(LPC) stage and one with a higher RPM for HPC and turbine
stages. Force and torsion analysis estimated by Equation 9.1 and the results are given in Table 35.
𝑇=

𝑆𝐻𝑃 × 63025
𝑅𝑃𝑀𝑠ℎ𝑎𝑓𝑡

𝐹=
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𝑇
𝑅𝑚𝑖𝑑

(9.1)

Table 35.Shaft Design Criterion
Criterion
𝑲𝒇
𝑲𝝉
𝑭𝒔

Hollow
Shaft
2
2
3

Solid
Shaft
2
2
3

Criterion
𝑺𝑯𝑷(hp)
𝑹𝑷𝑴𝒔𝒉𝒂𝒇𝒕
𝑻(𝒍𝒃𝒇. 𝒇𝒕)

Hollow
Shaft
33082
7500
8687.17

Solid
Shaft
20843
11500
7819.22

The dimensions of the shaft can be calculated using Equations 9.2 and 9.3 according to Shigley’s and Ugural [51,52].
𝑑𝑖𝑛𝑛𝑒𝑟(ℎ𝑜𝑙𝑙𝑜𝑤) = 0.4 + 𝑑𝑠𝑜𝑙𝑖𝑑
2

3
𝑑𝑠𝑜𝑙𝑖𝑑

32𝐹𝑠
𝑀
𝑀
𝑇
𝑇
√𝑘𝑓 2 ( 𝑚 + 𝑎 ) + 𝑘𝑓𝑠 2 ( 𝑚 + 𝑎 )
=
𝜋
𝑆𝑦
𝑆𝑒
𝑆𝑦 𝑆𝑒

(9.2)
𝑑0 4 − 𝑑𝑖 4

𝑑0 =

2

128𝐹𝑠
𝑀
𝑀 2
𝑇
𝑇 2
√𝐾𝑓 2 ( 𝑚 + 𝑎 ) + 𝐾𝑓𝑠 2 ( 𝑚 + 𝑎 )
𝜋
𝑆𝑦
𝑆𝑒
𝑆𝑦 𝑆𝑒

,

(9.3)

For shaft critical speed calculations, there are two different approaches. These are the Dunkerley's Method and the Rayleight-Ritz Method.
Calculations in this project were performed using both Dunkerley's and Rayleight-Ritz's methods. While the Dunkerley method was used to
calculate the shaft's lower limit speed, the Rayleight-Ritz method was used to determine the shaft's upper limit speed.
Dunkerley's and Rayleight-Ritz methods’ mathematical expressions are given in Equations 9.4 and 9.5 respectively.
𝑛

1
1
2 ≈ ∑ 𝛿𝑖𝑗 2
𝜔1
𝜔𝑖𝑖

𝑔
𝜔𝑖𝑖 = √(
)
𝑤𝑖 𝛿𝑖𝑖

(9.4)

𝑖=1

𝜔𝑐𝑟𝑖𝑡𝑖𝑐𝑎𝑙 = √(

𝑔 ∑𝑛𝑖=1 𝜔𝑖 𝑦𝑖
)
∑𝑛𝑖=1 𝜔𝑖 𝑦𝑖2

(9.5)

The shaft critical speed calculations were performed with the help of a newly developed MATLAB code. Using the superposition technique,
different MATLAB codes were written for each shaft. While the length and diameter of each shaft were determined from the GasTurb 13, the
properties of each segment were determined using AxSTREAM. The codes were validated using sample cases from the literature surveys. Ball
and roller bearings on the compressor side's low spool shaft are considered cantilever in these codes. The critical speeds of the compressor
shaft and the other shaft which the tribune is connected are calculated separately. As a result, the critical speed with the lowest value was
selected.

Table 36. MATLAB Results of the Each Shaft
Dunkerley’s Method (rpm)
Rayleight’s Energy Method (rpm)
Inner Diameter(in)
Outer Diameter(in)

HP Spool Shaft
12786
12855
3.5
6.5

LP Spool Shaft
6030
6338
3.25

The inner diameter of the shaft is selected as 3.5 in instead of the formula result 3.27 in, the outer diameter of the solid shaft is selected as 3.25
in instead of 3.23 and the outer diameter of the hollow shaft is selected as 6.5 in instead of 6.33 in because of the commercial concerns.
Technical properties of the lubricant oil BPTO-219743 are given in Table 37 [53].
Table 37. Technical Properties of BPTO-219743
Parameter
Density at 520 R
Kinematic Viscosity at 672 R
Kinematic Viscosity at 564 R
Kinematic Viscosity at 420 R
Pour Point
Flash Point
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Unit
lbm/in3
in2 /s
in2 /s
in2 /s
R
R

BPTO-219743
0.0360
0.0082
0.042
0.020
389.07
963.27

3-D drawings of the PHOENIX Engine’s shaft are given in Figure 48.

Figure 48. 3-D CAD Drawing of the Shaft (Left), 3-D CAD Drawing of the ETU- PHOENIX Engine’s Rotors (Right)
10. BLADE ANALYSIS

In the preceding pages, streamline analyses for turbomachinery are conducted using aerodynamic design principles, and temperature, strain,
and Mach number distributions are obtained, as well as blade designs. Aside from aerodynamic requirements, rotor and stator blades at each
stage of the compressor, as well as rotor blades at each stage of the turbine, are subjected to a range of pressures such as thermal, bending,
vibrational, and centrifugal due to high rotational speed and temperature [14]. However, of these stresses, centrifugal stress caused by high
rotational speed is the most dominant and essential for turbomachinery construction. As a result, rotor and stator blades are in the safety margin
under centrifugal loading if the acceptable stress value of the chosen material for the blade is higher than the measured stress value [14].
Allowable centrifugal force on turbomachinery blades is calculated using Equation 10.9 [54]

Figure 49. Rotor Nomenclature (left) and Centrifugal Stress on a Blade (right)
Maximum stress occurs at the rotor blade hub. This stress can be calculated using equation 2
𝜎𝑐 =

𝐹𝑐
𝐴ℎ𝑢𝑏

(10.1)

And the centrifugal stress force can be calculated using Equation 2
𝑟𝑡

𝐹𝑐 = ∫ 𝜌𝑏𝑙𝑎𝑑𝑒 𝐴𝑏𝑙𝑎𝑑𝑒 (𝑟)𝛺2 𝑠ℎ𝑎𝑓𝑡 𝑟𝑑𝑟
𝑟ℎ
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(10.2)

Combining Equation 10.2 and Equation 10.3:
𝜎𝑐
𝜌𝑏𝑙𝑎𝑑𝑒

= 𝛺2 𝑠ℎ𝑎𝑓𝑡 ∫

𝑟𝑡

𝑟ℎ

𝐴𝑏𝑙𝑎𝑑𝑒 (𝑟)
𝑟𝑑𝑟
𝐴ℎ𝑢𝑏

(10.3)

𝐴𝑡
≡ 𝑇𝑎𝑝𝑒𝑟 𝑅𝑎𝑡𝑖𝑜
𝐴ℎ

(10.4)

With linear taper assumption:
𝜎𝑐
𝜌𝑏𝑙𝑎𝑑𝑒

𝑟𝑡

= 𝛺2 𝑠ℎ𝑎𝑓𝑡 ∫ [1 −
𝑟ℎ

𝑟 − 𝑟ℎ
𝐴𝑡
(1 − )]𝑟𝑑𝑟
𝑟𝑡 − 𝑟ℎ
𝐴ℎ

(10.5)

Integrating:
𝜎𝑐
𝜌𝑏𝑙𝑎𝑑𝑒

𝑟𝑡 + 2𝑟ℎ
𝐴𝑡 2𝑟𝑡 + 𝑟ℎ
= 𝛺2 𝑠ℎ𝑎𝑓𝑡 (𝑟𝑡 − 𝑟ℎ )[(
)+
(
)]
6
𝐴ℎ
6

(10.6)

Assuming:
𝑟𝑡 + 2𝑟ℎ ≅ 𝑟ℎ + 2𝑟𝑡 ≅ 3𝑟𝑚

(10.7)

𝐴𝑧 ≅ 2𝜋𝑟𝑚 (𝑟𝑡 − 𝑟ℎ )

(10.8)

Resulting:
𝜎𝑐
𝜌𝑏𝑙𝑎𝑑𝑒

≅ 𝛺2 𝑠ℎ𝑎𝑓𝑡

𝐴𝑧
𝐴𝑡
(1 + )
4𝜋
𝐴ℎ

(10.9)

Now the AN 2 rule can be used to check the turbine blades’ stresses, which is shown in Equation 10.9. AN2 rule is a design limit for a turbine
material at maximum temperature. Its typical values for traditional turbines are in 0.5 − 10 × 1010 𝑖𝑛2 𝑅𝑃𝑀 2 range.[24]
𝐴𝑁 2 = 𝛺2 𝑠ℎ𝑎𝑓𝑡 × 𝐴 × (

30 2
)
𝜋

(10.10)

For turbomachinery components, the taper ratio ranges between 0.8 and 1 [14]. AxSTREAM measures the taper ratio for each blade. Each
component’s material selection is outlined in the material section. PC [55] is chosen as a material for Fan Blade Design to minimize weight
while increasing power. TMC (Titanium Matrix Composite) [56] is chosen as a material for HPC Blade Design to minimize weight while
increasing strength. Table 38 shows the stress analysis results due to centrifugal loading and the parameters defined in Equation 10.9.
Table 38. Fan and Compressor Blades’ Properties [55,56]
Part Name
Material
Material Density
(lbm/𝒊𝒏𝟑 )
Allowable 𝝈𝒄 (ksi)
Rotation Speed
(rpm)
Taper Ratio
Flow Area (𝒊𝒏𝟐 )
Design 𝝈𝒄 (ksi)
Part Name
Material
Material Density
(lbm/𝒊𝒏𝟑 )
Allowable 𝝈𝒄 (ksi)
Rotation Speed (rpm)
Taper Ratio
Flow Area (𝒊𝒏𝟐 )
Design 𝝈𝒄 (ksi)

Fan R1
Polyimide
Composites
0.04805

Fan S1
Polyimide
Composites
0.04805

HPC R1
Ti-45Al8Nb
0.14

HPC S1
Ti-45Al8Nb
0.14

HPC R2
Ti-45Al8Nb
0.14

HPC S2
Ti-45Al8Nb
0.14

287
7500

287
-

90.65
11500

90.65
-

90.65
11500

90.65
-

0.8
2947.94
32.418

-

0.8
641.21
48.30

-

0.8
418.89
31.56

-

HPC R3
Ti-45Al8Nb
0.14

HPC S3
Ti-45Al8Nb
0.14

HPC R4
Ti-45Al8Nb
0.14

HPC S4
Ti-45Al-8Nb

HPC R5
Ti-45Al-8Nb

0.14

0.14

HPC S5
Ti-45Al8Nb
0.14

90.65
11500
0.8
276.07
20.80

90.65
-

90.65
11500
0.8
188.35
14.19

90.65
-

90.65
11500
0.8
132.58
9.98

90.65
-

The critical stress value in the turbine, as in the compressor, is caused by centrifugal loadings caused by high rotational speed and also the
thermal stress. The flow area in the turbine is gradually increasing, allowing the flow to expand. As a result, the turbine in the final stage has
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the highest flow field. Table 39 shows the stress analysis findings for the final stage of HPT and LPT due to centrifugal charge. Detailed
material properties are given in the MATERIAL SELECTION section.
Table 39. Turbine Blades’ Properties [57,58,59,60]
Part Name
Material
Material Density (lbm/𝒊𝒏𝟑 )

HPT S1
TMS-238
0.33

HPT R1
TMS-238
0.33

HPT S2
TMS-238
0.33

HPT R2
TMS-238
0.33

LPT S1
TMS-238
0.33

LPT R1
TMS-238
0.33

Allowable 𝝈𝒄 (ksi)

150.9

150.9

150.9

150.9

150.9

150.9

Rotation Speed (rpm)
Taper Ratio

0.80

11500
0.80

0.80

11500
0.80

0.80

7500
0.80

-

286.99

-

451.42

-

731.67

2.22

50.97
2.97

3.86

80.14
4.69

3.92

129.9
5.01

Flow Area (𝒊𝒏𝟐 )
Design 𝝈𝒄 (ksi)
𝑨𝑵𝟐 [𝒊𝒏𝟐 × 𝒓𝒑𝒎𝟐 × 𝟏𝟎𝟏𝟎 ]

11. MATERIAL SELECTION
One of the most important processes in extending turbine efficiency is material selection. Furthermore, material selection has an
important effect on the engine's life cycle. As a result, the engine's last estimated lifetime for each part should be acknowledged. Furthermore,
a good engine design must satisfy its aerodynamic, thermodynamic, and structural requirements. The advancement in material technology
limits the ability to boost the performance of gas turbine engines. As a result, new materials are continuously being designed for more effective,
long-lasting, and strength-reliable gas turbines. Over the last 60 years, technological advancements have made tremendous advances in the
field of materials. Along with improved mechanical and thermal properties provided by new materials, the fuel consumption of subsonic
engines is decreased by around 40%, and the maximum turbine entry temperature is increased from 1440R to over 3400R.
The engines' overall pressure ratio was increased from 5 to 40. Then, stress fracture life and creep properties were studied. Because of their
material properties, all components on the engine are limited to particular variable loads, and scientific studies are based on potential faults in
these components [62]. The materials used in the construction of the PHOENIX Engine were chosen based on extensive research and historical
experience. New materials that are expected to replace them by 2028 are being considered for material selection. As seen in Figure 50, preferred
materials such as CMC, PC, CFRP, Titanium, and Aluminum are widely used today.

Figure 50. Materials used in engine structure through the years [57]
11.1 Inlet Materials

The rate of air mass flow is determined by the efficiency of the engine intake. Such performance is obtained by proper geometry design and
accurate production. The materials used in the inlet should be able to withstand high temperatures, particularly at supersonic speeds [63].
Carbon fiber reinforced polymer is a fiber-reinforced composite that is incredibly durable and light. Composite materials reinforced with carbon
fiber vary from conventional FRP composites produced with fiberglass or aramid fiber. CFRP materials provide significant benefits to aircraft
design by minimizing weight and fuel consumption, increasing payload, expanding flight range, improving toughness and durability,
optimizing design, reducing component count, lowering maintenance costs, and maximizing passenger comfort and safety. A major advantage
of carbon fiber reinforced Pre-pregs over Aluminum is their improved fatigue strength [63]. More than half of the components used in the
Boeing 787 and Airbus A350 XWB airframes (ailerons, panels, flaps, upper deck floor beams, wing rips, etc.) are carbon fiber composite.
CFRP is a significant material for programs, and Airbus has awarded it the contract to provide the primary structure Pre-preg for the A350
XWB program [64]. CFRP components passed both field and flight checks with success. In addition, the Rolls-Royce Trent series has begun
to use CFRP components. As a result, the PHOENIX Team chose CFRP as an inlet material, the mechanical properties of which are seen in
Table 40.
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Table 40. Inlet Material Properties [65]
Selected Material
Density (lb/𝒊𝒏𝟑 )
Maximum Operation Temperature (R)
Young Modulus (ksi)
Yield Strength (ksi)

CFRP
0.058
747
10150
170

11.2 Compressor Materials
Polyimide resin has outstanding heat resistance and mechanical properties, and it has long been the focus of research on high-temperatureresistant composite materials for the aerospace industry. The epoxy resin has a long-term working temperature of no more than 725R, the
Bismaleimide resin has a temperature range of 490-900R, and the polyimide resin has a temperature range of 995-1300R.P2SI900HT, a fourthgeneration organic-inorganic hybrid polyimide composite resin matrix with a temperature resistance of 1300R, was the first material grade to
be developed. The glass transition temperature is as high as 880R (Tanδ), and it can be used at temperatures of 1250R for a long period of
time, as well as at temperatures as high as 1960R. The properties of the P2SI900HT polyimide composite are given in Table 41. Also, these
fan blades have a titanium leading edge for extra protection. Ti-6Al-4V that has a low density and is used in implants and aviation was added
to protect FOD. Table 41 displays the mechanical properties of a chosen coating substance.
The compressor is the part of the system that compresses the air from the fan and raises the temperature. Phoenix also has a pressure ratio of
more than 15 and the temperature of the compressor outlet is about 1620 Rankine. Under these conditions, materials with high strength must
be used for high temperatures. Furthermore, the material used must be fatigue, crack, oxidation, and creep resistant. Titanium-beta-alloys may
be recommended because the temperature in the compressor is higher than the fan, for example, Ti-45Al-8Nb with a maximum service
temperature of 2111 R. Ti-45Al-8Nb alloy used in also such as disc material. Since blisk technology will be used, it has been deemed
appropriate to use the same material in the disc and blades. In this case, nickel-based alloys might be considered, but this material, which is
heavier than titanium, cannot be used in blades that rotate quickly. For compressor blades, the Ti-45Al-8Nb material was chosen, which is a
titanium alloy with a strong strength of up to 2340 R. To increase corrosion resistance, chromium was also added. Table 41 describes the
mechanical properties of the materials selected.

Table 41. Compressor Material Properties [55]
Component
Selected Blade Material
Density (lb/𝒊𝒏𝟑 )
Maximum Operation Temperature (R)
Young Modulus (ksi)
Yield Strength (ksi)

Fan (LPC)
PC
0.04805
1256
20000
287

Fan (Coating)
Ti-6Al-4V
0.16
1170
16530
160

HPC
Ti-45Al-8Nb
0.14
2111 R
26106 ksi
90.65 ksi

11.3 Combustion Chamber Materials
Temperatures in the combustion chamber rise to dangerously high levels. As a result, the combustion chamber's wall temperature should be
lower than the material's melting point. Hasteloy X, Nicomic 75, Nicomic 263, HA18 (cobalt-based-superalloy) materials used in Pratt &
Whitney F100 engines, and Inconel 625/718 have long been common materials for combustion chambers. HA188 stands out from the
competition with higher temperature strength and strong oxidation resistance up to 2460R, which is in line with the evolving technology. The
base material could be a cobalt-based superalloy like HA188, and ultra-lightweight CMC (Ceramic Matrix Composite) tiles could be used to
avoid high temperatures at the start of the burner liner. This approach was used in the GE9X test flight, which was the first of its kind in the
world. With the use of CMC, it is now possible to increase operating temperatures without incurring the costs associated with increased cooling
air use. Due to their high thermal conductivity, excellent thermal shock, creep, and oxidation resistance, Si-C matrix composites are ideal
materials for gas turbine engines. As a result, the combustion chamber material is Sylramic-iBN, which was designed by NASA for ultra-high
temperature applications, and C/SiC is favored for both temperature resistance and weight [57, 68, 69]. Since a highly stable and safe hafnium
silicate forms at the surface, it can operate at higher temperatures than silicon carbide in an oxidizing environment. [70, 71] Layered Hafnium
Carbide/Silicon Carbide with a coating of Yttriumstabilized Zirconium was chosen as the combustion chamber material as a result of these
searches and evaluations. Ceramic-based Tantalum Carbide (known to be used in the F-35 and GE-9X) was tested for this coating procedure.
However, due to its high cost, this material is not suitable. Because of the structural and thermal properties of SiC, Yttrium-Stabilized Zirconium
can withstand high temperatures up to 4200 R. Despite their costs, both materials are thought to be good choices. As a consequence,
maintenance costs will be minimized. To reduce the temperature in the insulation layer and prevent high temperature streaking, a thermal
barrier coating (based on ZrO2 – Y2O3 and developed by plasma spraying) with a temperature resistance of +360-540 R is also used. Table
42 lists the mechanical properties of various materials.
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Table 42.Compressor Material Mechanical Properties [72,73]
Selected Material
Density (lb/𝑖𝑛3 )
Max. Service Temperature (R)
Tensile Strength (psi)
Selected Coating Material
Density (lb/𝑖𝑛3 )
Max. Service Temperature (R)

C/SiC CMC (hafnium layered)
0.0722
4451.2
0.79×106
Yttrium-Stabilized Zirconium
0.22
4239

11.4 Turbine Materials
Since they are subjected to high temperatures and stresses, the first set of turbine blades must be temperature and pressure resistant. As a result,
the material used for turbine components should be thermally and mechanically resistant. The temperature and creep strengths of 4th and 5th
generation superalloys are very good. Despite their strong properties, they have poor oxidation resistance due to refractory elements like Mo,
Re, and Ru. High-temperature creep and oxidation-resistant 6th generation superalloys have been developed [74]. CMSX-10, TMS-138, TMS196, and TMS 238 are examples of different generation superalloy materials that compared for PHOENIX Engine. These materials were
subjected to the necessary investigations. Oxidation resistance, creep rate, temperature power, and mechanical strength were calculated as
selection parameters under high temperature and pressure. The graphs below (Figure 51) show mass change over one-hour cycles, metal loss
in hot corrosion tests, and creep-rupture life vs. oxidation resistance for various materials. As a result of these investigations, the 5th generation
single crystal super alloy TMS-238 was chosen as a material for high and intermediate pressure turbine blades [57,74,59,75].

Figure 51. Alloy Comparisons Based on a Combination of Creep and Oxidation(left) & Hot-Corrosion Test Results (middle) and Tests for
Cyclic Oxidation (right) [61]
11.5 Mixer-Nozzle Materials
Throughout the mission, the nozzles are exposed to a variety of temperatures. For nozzles and exhausts, Inconel, stainless steel alloys, Hastelloy
X, and CFRPs are commonly used. Because of their corrosion resistance and capacity to endure extremely high temperatures, Inconel (nickelchromium-iron) alloys are commonly used in turbine engines. In comparison to FSX414, the alloy has a significantly higher creep strength.
N155, an iron-based superalloy with strong weldability, is used in some GE engines' later stage nozzles. The key points of materials used for
nozzles today are mentioned in Table 43. [57] PHOENIX design team decided to use an N155 as a mixer nozzle material.
Table 43. Frequently used nozzle materials by GE, P&W, RR [57]
Grade
X40
X45
FSX414
N155
GTD-222

Chemical Composition
Co-25Cr10Ni8W1Fe0.5C0.01B
Co-25Cr10Ni8W1Fe0.25C0.01B
Co-28Cr10Ni7W1Fe0.25C0.01B
Fe-21Cr20Ni20Co2.5W3Mo0.02C
Ni-22.5Cr19Co2.0W2.3Mo1.2Ti0.8Al0V0.008C1.0B

Remarks
Cobalt-base super alloy
Cobalt-base super alloy
Cobalt-base super alloy
Iron-base super alloy
Nickel-base super alloy

11.6 Shaft Materials
The Phoenix shaft is made of heat-treated steel, such as Super CMV (Chrome-Molybdenum-Vanadium). The next-generation engine design is
attempting to replace the primary shaft with F1E, an iron-based superalloy that is expected to be used in future Rolls-Royce engines until 2025.
Centrifugal force is produced by rotating components and shafts on the inner ring, causing tensile stress.
M50NiL, which is resistant to high temperatures and has strong fracture-corrosion and mechanical shock resistance, was chosen as a bearing
material for Phoenix to solve this issue. [76,77]
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Table 44. Component-Material Overview
Component
Inlet

Operation Temperature

Fan

~ 717.9R

Compressor

~1619.65R

Combustion Chamber

~4500R

Turbine

~2744R

Mixer-Nozzle
Shaft
Bearing

~1658R
-

Material
Carbon Fiber Reinforced Poylmer (CFRP)
PC (Polyimide Resin) and
Ti-6Al-4V Coating
Ti-45Al-8Nb
C/SiC CMC and
Yttrium-stabilized Zirconium
Coating (Thermal Barrier): ZrO2 – Y2O3
TMS-238 and
MCrAlY Coating
N115
Super CMV
M50NiL

Allowable Service Temperature
~720-900R
~995-1300R
~1170-1260R
~1575R-2160R
~4320R-4500R
-

12. WEIGHT ANALYSIS OF THE PHOENIX ENGINE AND OLYMPUS 593
One of the critical design parameters is engine weight during the new engine design. Optimization of overall engine weight provides decrement
in fuel consumption and increment of flight range. A detailed literature survey was conducted through this examination. Among several
correlations, the WATE++ correlation developed by Boeing and NASA is chosen for giving the best solutions compared to real results. This
correlation uses overall pressure ratio (OPR), bypass ratio (BPR) and mass flow rate through the core [2]. A simplified version of the program
was obtained from a report because the program is not open source Equations 12.5 and 12.6. After having a weight analysis of Engine Phoenix,
the base engine (Olympus 593) has to be analyzed in order to compare how much weight is optimized. Due to the fact that Olympus 593
turbojet engine was built in the 1960s, there is a different correlation from a new designed engine, which is assumed to be applied to engines
built in the late 1990s through the mid-2000s Equations 12.1-12.2-12.3 [79]. Real mass and correlation mass are defined exactly, so there is
such a coefficient called weight coefficient which is defined as WCAD / Wreal . This ratio must be kept constant during the Engine Phoenix
weight analysis. In Table 45, WCAD ( Wreal ) is obtained from the whole 3D Model of the Engine Phoenix in Solidworks software and assigned
materials with related components. So level of difference between real and correlation weight could be seen. Also, the density, volume and
weight of each component are stated in detail in Table 46. To sum up, overall engine weight was developed from 7000 lbm to 5640 lbm with
a low-bypass turbofan engine which can be seen in Table 46.
Table 45. Engine ETU-PHOENIX and Base Engine Weight Analysis Parameters and Results

Wengine

Design Parameters

Base Engine

PHOENIX

Core Mass Flow Rate (lb/s)

289,345

165,211

OPR

11,7711

15.535

BPR

0

1.99

WCAD ( Wreal ) (lbm)

7000

5640

Wcorrelation (lbm)

5419

3438.7

Weight Coefficient

1.64

1.64

% Error

6.85

6.85

ṁcore b OPR c
=a∗(
) ∗(
)
100
40

,

𝑊𝑒𝑖𝑔ℎ𝑡 𝐶𝑜𝑒𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑡 = WCAD ⁄Wcorrelation

𝑎 = (−6.590 𝑥 10−1 )𝐵𝑃𝑅 2 + (2.928 𝑥 102 )𝐵𝑃𝑅 + 1915 = 1915
𝑏 = (6.784 𝑥 10−5 )𝐵𝑃𝑅2 − (6.488 𝑥 102 )𝐵𝑃𝑅 + 1.061 = 1.061
𝑐 = (−1.969 𝑥 10−3 )𝐵𝑃𝑅 + 0.0711 = 0.0711
Wwate (𝐵𝑎𝑠𝑒 𝐸𝑛𝑔𝑖𝑛𝑒) = 5419 lbm
𝑊𝑏𝑎𝑠𝑒𝑙𝑖𝑛𝑒𝑟𝑒𝑎𝑙
𝑓𝑐𝑜𝑟𝑟𝑒𝑐𝑡𝑖𝑜𝑛 =
= 1.29
𝑊𝑏𝑎𝑠𝑒𝑙𝑖𝑛𝑒𝑤𝑎𝑡𝑒
𝑎 = (−6.204 𝑥 10−1 )𝐵𝑃𝑅2 + (2.373 𝑥 102 )𝐵𝑃𝑅 + 1702 = 2174.12
𝑏 = (5.845 𝑥 10−5 )𝐵𝑃𝑅 2 − (5.866 𝑥 102 )𝐵𝑃𝑅 + 1.045 = 1.03356
𝑐 = (−1.918 𝑥 10−3 )𝐵𝑃𝑅 + 0.0677 = 0.0639
Wwate (𝑃ℎ𝑒𝑜𝑛𝑖𝑥) = 3439 lbm
𝑊𝑝ℎ𝑜𝑒𝑛𝑖𝑥_𝑐𝑜𝑟𝑟𝑒𝑐𝑡𝑒𝑑 = 𝑓𝑐𝑜𝑟𝑟𝑒𝑐𝑡𝑖𝑜𝑛 × 𝑊𝑝ℎ𝑜𝑒𝑛𝑖𝑥_𝑤𝑎𝑡𝑒
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(12.1)
(12.2)

(12.3)

(12.4)

(12.5)

(12.6)

Table 46. Physical Properties and Mass at Each Components
Component
Shaft
LPC
HPC
CC
HPT
LPT
Casing (Cold)
Casing (Hot)
Mixer
TOTAL

Density (lb/𝒊𝒏𝟑 )
0.287
0.04805
0.14
0.0722
0.33
0.33
0.1
0.16
0.296

Material
Super CMV
CP
Ti-45Al-8Nb
CMC
TMS 238
TMS 238
Hiuminium RR58
Ti-6Al-4V
N 155

Volume (𝒊𝒏𝟑 )
2148
3867
1727
602
1063
671
31437
3870
731

Mass (lbm)
616
185.8
241.9
43.49
351
221.5
3143
619
216.6
5640

The calculations for weight estimation were performed by multiplying the volumes of components taken from 3D CAD files with the densities
of the selected materials and using formulas derived from WATE ++ correlation. In order to be more conservative, the heavier result, which is
obtained from the 3-D CAD files, is determined as the weight of PHOENIX.
13. ENGINE SUBSYSTEMS

13.1. Lubrication System
Lubrication is of paramount importance wherever there are moving parts. The presence of many moving parts in an aircraft engine reveals the
necessity of lubrication for the performance and safety of the engine. Another benefit of the lubrication system is that it reduces the operating
temperature of the engine by drawing heat from the engine. Turbofan engine the lubrication system functions could be summarized as
lubrication of rotor bearings, removing the contaminants from the lubricant, cooling of the bearings especially in turbine area and supplying a
squeezed film between the outer bearing races and their housings for oil-dampened bearings [83]. Some features that should be considered in
the selection of lubricants which are the thermal, oxidation and corrosion stability, viscosity, and pressure resistance of the lubricant, poor and
flash point of the lubricant [83]. Therefore, lubricants used in commercial jet aircraft are subject to SAE-5780 standards.
Two different lubrication systems, wet-sump and dry-sump systems, are used in aviation. Wet-sump engines store the lubricating oil in the
engine or gearbox and dry-sump engines use an external tank mounted on the engine or somewhere in the aircraft structure near the engine.
Dry sump systems are widely used in aviation. This is due to some of the disadvantages found in wet sump systems. Wet-sump systems have
some disadvantages in terms of the challenge of cooling the lubricant continuously subjected to the engine temperature and the oil supply is
limited by the sump capacity. Since the tank is mounted separately from the engine in dry sump systems, it has more storage space and is,
therefore, easier to hold the oil at the optimum temperature. Dry-sump and wet-sump lubrication systems are shown in Figure 52.

Figure 52. Dry-sump Lubrication Systems (left) [2], Wet-sump Lubrication Systems (right) [82]

Considering the research and the advantages mentioned above, it was decided to use the dry-sump lubrication system in PHOENIX.

13.2. Oil Cooling
During lubrication, the heat generated in the parts in the engine passes to the lubricant. This heat transferred to the lubricant must be kept
within certain temperature limits in order not to affect the operation of the engine. Therefore, it is necessary to use an oil cooler system. There
are two different types of heat exchangers commonly used, namely air-cooled and fuel cooled heat exchangers. Generally, fuel-cooled heat
exchangers are used in turbofan engines [83].

41

13.3. Anti-Icing System
Due to extremely cold-water droplets in the clouds during the flight and frost fog before take-off, the icing on the fan rotor and the leading
edge of the intake may occur. The airflow is disrupted by the ice on the inlet, which often causes vortices. These vortices could affect
compressor activity, causing a stall and surge. Anti-icing systems should be used because icing has a detrimental impact on engine performance
[85]. For these reasons hot-air anti-icing system is chosen which are given in Figure 53.

Figure 53. Hot Air Anti-Icing System [84]
13.4. Auxiliary Power Unit
Aircraft could meet the electrical and hydraulic power requirements from the engine during flight. On the other hand, when the aircraft is on
the ground, the required energy cannot be provided because the engines shut down, such as when the passengers can get on and the luggage
can be placed. Energy is needed to keep the compartment at a certain temperature where the passengers sit and to avoid any discomfort. Today,
in most aircraft, this energy problem is solved by the Auxiliary Power Unit (APU) placed inside the aircraft.
It is a small gas turbine designed to meet some of the aircraft's requirements. APU is a self-contained unit that makes the aircraft independent
of external pneumatic and electrical power sources. On the ground, APU supplies bleed air for starting the engines, bleed air for the air
conditioning system and electrical power to the electrical system. During take-off, APU supplies bleed air for air conditioning. The reason is
that it is to prevent any loss in thrust force during the take-off of the aircraft. During cruise conditions, APU helps the electrical system, air
conditioning and can be used to restart the engine in undesirable situations such as the engine shut down in the air [86,87]. Considering all
these, it was decided to use APU in PHOENIX.
13.5. Engine Starter Systems
Most aircraft engines need assistance to get started. The starter should rotate the engine up to a speed that provides sufficient air flow through
the engine to ignite the fuel and then continue to help the engine reach a self-sustaining speed. There are several techniques used in modern
engines, such as electric motors, starter/generators, and air turbines. Air turbine starters have some advantages compared to other techniques.
They are designed to provide high starting torque from a small, light source. Due to the reasons and advantages mentioned above, it was
decided to use an air turbine starter in PHOENIX [88,89]. Figure 54 shows air turbine starters schematically.

Figure 54. Air Turbine Starters [88]
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13.6. Engine Control Systems
Full Authority Digital Engine Control (FADEC) is the system used in almost all aircraft engines to controlling the engine. This system manages
the entire engine independently from start-up to shut down. It does not need any mechanical rod or steel cable connection between the cockpit
and the engine. FADEC systems have many advantages arising from being digital such as lighter, less bulky, and require less maintenance
than old control systems and increase fuel efficiency and reduce maintenance costs. Due to its many advantages, it was decided to use FADEC
as the motor control system in PHOENIX. The FADEC system is given in Figure 55 [90,91].

Figure 55. FADEC System [92]
13.7. Fire Detection and Extinguishing Systems
Fire protection systems in aircraft are divided into two main headings. These are fire detection system and fire extinguishing system. The fire
detection system, which consists of high-temperature detection and smoke detectors, is used to warn the flight crew in case of high temperature
or fire in the aircraft. Smoke detectors are placed in the cargo, toilets, and avionics compartments and high-temperature detectors are in the
aircraft compressor, APU, landing gear housing, and pneumatic device tubing [93,94]. Fire Extinguishing System could be seen in Figure 56.

Figure 56. Fire Extinguishing System [95]
14. EMISSIONS
The International Civil Aviation Organization's (ICAO) Committee on Aviation Environmental Protection makes NOx pollution regulations
(CAEP). The certification process is dependent on the LTO Cycle (Landing Take-Off). The following are the NOx emission standards for
turbojet and turbofan engines designed for supersonic propulsion based on ICAO Annex 16 Volume 2 information [96].
𝐸𝑚𝑖𝑠𝑠𝑖𝑜𝑛 𝑆𝑡𝑎𝑛𝑑𝑎𝑟𝑑 (𝐸𝑆) =

𝐷𝑝
= 36 + 2.42 ∗ 𝜋∞
𝐹𝑜𝑜

(14.1)

Also, the correlation between the sNOx (NOx severity parameter) and the emission index used in calculations is stated as following [2].
Correlation constants and default values are stated in Table 47.
𝐸𝐼𝑁𝑂𝑥 = (𝑎 + 𝑏 ∗ 𝑒 𝑐∗𝑇3 ) ∗ (

𝑑

∆𝑇𝑐𝑜𝑚𝑏 𝑇𝐹
) ∗ 𝑒 𝑓∗ℎ ∗ (
)
𝑃3,𝑟𝑒𝑓
194 𝐾
𝑃3

(14.2)

Table 47. Proposed NOx Emissions Correlation Constant and Exponent Default Values for RQL Combustor [97]
a
8.4

b
0.0209

c
0.0082

d
0.4

f
19

TF
0
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𝑷𝟑,𝒓𝒆𝒇 (kPa)
3000

∆𝑻𝒄𝒐𝒎𝒃 (K)
300

h
0.006344

𝐸𝑚𝑖𝑠𝑠𝑖𝑜𝑛 𝐼𝑛𝑑𝑒𝑥 (𝐸𝐼) =

𝐷𝑝 𝑔𝑟
( ) = 32 ∗ 𝑠𝑁𝑂𝑥
𝑚𝑓𝑢𝑒𝑙 𝑘𝑔

(14.3)

Therefore, inequality relation has been created is given below.
𝑔𝑟
)
ℎ ∗ 𝑘𝑁 ∗ 𝑡𝑖𝑚𝑒 (𝑠) ∗ 32 ∗ 𝑠𝑁𝑂𝑥 ≤ 36 + 2.42 ∗ 𝜋
∞
1000

𝑇𝑆𝐹𝐶 (

(14.4)

Table x gives the result of calculations of emission standard given above. Also, emissions of the engine PHOENIX is compared in this table
with the emission standard. LTO (Landing Take-Off) Cycle covers the segments below 3000 ft altitude.

Table 48. LTO Cycle for Supersonic Engines and Emission Comparison Between Phoenix and Standards
Dp/Foo NOx (gr/kN)
Engine Phoenix Emission Standards
∑
23.48

Missions

Power (%)

Taxi Out

3.8

Time in Mode
(minutes)
15

Take Off

100

1

23.52

Approach & Touchdown
Taxi In

34
3.8

7.5
6

23.48
61.91

132.39

191.05

15. PERFORMANCE CONSTRAINT ANALYSIS

Performance constraint analysis is about to investigate aircraft characteristics by determining the thrust-to-weight ratio as a function of wing
loading. It is important that this analysis includes all flight conditions. Thus, with the new Phoenix engine, the preliminary performance
constraint analysis of the Concorde can be determined by developing take-off distance constraints, landing distance constraints, climb
constraints and cruise constraints.
15.1. Drag Polar Estimation
To able to analyze nearly all performance constraints, the drag polar of flight configurations must be known. There is a total of five main flight
configurations for the Concorde, including the clean configuration (cruise), take-off with landing gear up or down, and landing with landing
gear up or down. The drag polar for each of the five main flight configurations of the Concorde could be estimated using the techniques outlined
in Ref [98] and could be seen in Table 49.
Table 49. Drag Polar Estimations for the Concorde
Flight Configuration
Drag Polar
Low Speed, Clean
𝐶𝑑 = 0.001 + 0.4201 𝐶𝑙 2
Take-off, Gear Up
𝐶𝑑 = 0.0250 + 0.4776 𝐶𝑙 2
Take-off, Gear Down
𝐶𝑑 = 0.0420+ 0.4776 𝐶𝑙 2
Landing, Gear Up
𝐶𝑑 = 0.07 + 0.5534 𝐶𝑙 2
Landing, Gear Down
𝐶𝑑 = 0.0870 + 0.5534 𝐶𝑙 2

15.2. Take-off Distance, Landing Distance, Climb and Supersonic Cruise Constraints
Firstly, one of the most important performance constraints is take-off distance. The Equation (15.1), rearranged form of the equation from Ref
[98], can be utilized to describe the take-off performance constraint. In this equation, the required runway length (𝑠𝑇𝑂𝐺 ) for Concorde used as
11800 feet from Ref [99] and 𝜇𝐺 ground friction coefficient is selected as 0.03 from Ref [98]. Secondly, the Equation (15.2), rearranged form
of the equation from Ref [98], can be utilized to describe the landing distance constraint. The landing distance performance constraint is a
single value that the wing loading cannot exceed. Thirdly, the Equation (15.3), rearranged form of the equation from Ref [98], can be utilized
to describe the climb distance constraint. The Concorde is sized for climb by FAR 25.121(OEI), which is a balked landing climb with one
engine inoperative. Lastly, the Equation (15.4), rearranged form of the equation from Ref [100], can be utilized to describe the supersonic
cruise constraint at Mach 2 and 53000 feet. All these equations and inputs are used in developed MATLAB code and the constraint diagram
of the Concorde with Phoenix engine is generated with design point as shown in Figure 57.
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𝑊
0.0447 ( )
0.72𝐶𝐷0 (𝑇𝑂,𝐺𝐷)
𝑇
𝜇𝐺
𝑆 𝑇𝑂
( ) =
+
+
𝑊 𝑇𝑂 𝐾2 𝐾2 𝑠𝑇𝑂𝐺 𝜌𝑠𝑒𝑎 𝐶𝐿𝑚𝑎𝑥,𝑇𝑂
𝐾2 𝐶𝐿𝑚𝑎𝑥,𝑇𝑂
𝜇𝐺 = 0.03,

(

𝜆 = 1.9917,

𝑠𝑇𝑂𝐺 = 11800 𝑓𝑡,
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5+𝜆
( ) =
𝑊
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,
2( 𝐿 )
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𝑠𝑙𝑢𝑔
= 0.00237 3 ,
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𝑊
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Figure 57. The Concorde Constraint Diagram with Phoenix Engine

16. ENGINE FLOW PATH

The airflow path of the PHOENIX Engine which is created from the 3-D model, is demonstrated in Figure 58. In Figure 58, the blue color
represents the cold side and the red color represents the hot side.

Figure 58. The PHOENIX Engine Airflow Path (blue=cold side, red=hot side)
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17. CONCLUSION
Although the Concorde is the lead aircraft for supersonic civil transport, it has a couple of disadvantages which are high fuel consumption and
high jet velocity due to having a turbojet engine with afterburner causes extremely high fuel consumption and high jet velocity during takeoff. Additionally, the accident that the Concorde has been involved in induced its retirement from aviation. The scope of this project was to
revive the Concorde with a low bypass mixed flow turbofan engine. The primary goal of this transition is to reduce fuel consumption and jet
velocity.
Engine Phoenix, our latest design, is intended for use with 92-128 passengers and crew at 2.01 Mach and 53,000 feet above sea level. The base
engine, Olympus 593 MK 610, is validated in Gasturb13 software considering the output table given in RFP [101]. After validation, a low
bypass mixed turbofan engine is created. Beginning of the new engine design, the engine mass flow rate must be determined to satisfy the
required thrust. Four design parameters, overall pressure ratio (OPR), turbine entry temperature (TET), fan pressure ratio (FPR) and bypass
ratio (BPR) are optimized to reduce the thrust-specific fuel consumption considering the technologies and materials that can be developed until
2028. Several constrain values are also used in the optimization phase, such as thrust for cruise and takeoff (to minimize jet velocity), engine
weight and duration (satisfied by reducing both the LP and LT stages), and NOx emission values that are lower than regulations and
requirements. Finally, in terms of specific fuel consumption and engine weight, the PHOENIX engine improved by approximately 30% and
19.5%, respectively. Furthermore, as compared to the Olympus engine, the PHOENIX Engine’s jet velocity at take-off is less than 1150 ft/s.
Another step of this project is to design each component in detail. In this chapter, 1-D MATLAB code and AxSTREAM software are used.
2-D and 3-D CFD analyses were performed during the design of components such as the intake, combustion chamber, and nozzle in order to
satisfy and improve the design produced by the MATLAB code. AxSTREAM software was used to develop turbomachinery components such
as the fan, compressor, and turbine. After all of the analyses and designs of the components were completed, Solidworks software was used to
build 3-D CAD models. Materials of components have been determined by a comprehensive literature survey, considering the technology of
2028. The modern aviation industry is rapidly evolving as a result of technological advancements. Therefore, the PHOENIX engine, which is
outlined in this project, is a turbofan for reviving supersonic civil transportation at a cost that is affordable. Finally, in Table 50, the certain
specifications of the PHOENIX Engine are demonstrated.

Table 50. Features and Improvements of the PHOENIX Engine
Parameters
Cruise Thrust (lbf)
Cruise TSFC (lbm/lbf*h)
Total Fuel Weight Consumption (lbm)
Total Fuel Cost ($), Per Operation of One Engine
Total Engine Weight (lbm)
Engine Thrust to Weight Ratio
Nozzle Exit Velocity at Take-off (ft/s)
Reheat at Take-off

OLYMPUS 593
10031
1.33
53579
36149
7000
5.4
V9 >1150
YES

PHOENIX
10044
1.02
31212
$25106
5640
5.96
1148
NO

Figure 59. Final Representation of ETU-PHOENIX
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Limitations and Improvements
Satisfied
23 % Improvement
30 % Improvement
$11043 Improvement
19% Improvement
10% Improvement
Limitation Satisfied
Satisfied
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APPENDIX A

High-Pressure Turbine

Low-Pressure Compressor

Table 51. Properties of Velocity Triangles for Mid-Section of LPC
Mid-Section

C [ft/s]
B [tan.deg]
A [tan.deg]
K1[tan.deg]
W [ft/s]
U [ft/s]
K2 [tan.deg]

1st
Rotor
Inlet
695.40
28.05
90.00
32.32
1478.7
1304.98
-

1st
Stator
Inlet
967.77
59.09
59.09
56.93
-

1st
Rotor
Outlet
967.77
45.9
59.09
1158.4
1304.98
50.3

1st
Stator
Outlet
965.17
90.00
90.00
98.18

Figure 62. Velocity Triangles of High-Pressure Turbine for Mid-Section

Table 54. Properties of Velocity Triangles for Mid-Section of High-Pressure Turbine

Figure 60. Velocity Triangles of Low-Pressure Compressor for Mid-Section
Mid-Section
High-Pressure Compressor
C [ft/s]
B [tan.deg]
A [tan.deg]
K1[tan.deg]
W [ft/s]
U [ft/s]
K2 [tan.deg]
Kg [tan.deg]

1st
Stator
Inlet
932.75
90.00
90.00
90.00
-

1st Rotor
Inlet
1823.30
88.81
26.04
86.69
800.51
1621.64
-

1st
Stator
Outlet
1862.24
28.39
28.39
28.39
28.39

1st
Rotor
Outlet
810.51
29.62
111.07
1530.18
1621.61
29.62
29.62

2nd
Stator
Inlet
753.38
112.76
112.76
91.79
-

2nd
Rotor
Inlet
1672.96
98.41
24.90
89.93
712.13
1621.57
-

2nd
Stator
Outlet
1694.25
26.41
26.41
26.41
26.41

2nd
Rotor
Outlet
997.84
27.15
75.00
2112.50
1621.54
27.09
27.09

Figure 61. Velocity Triangles of High-Pressure Compressor for Mid-Section
Low-Pressure Turbine
Table 55. Properties of Velocity Triangles for Mid-Section of LPT
Table 52. Properties of Velocity Triangles for Mid-Section Inlet of High-Pressure Compressor
Mid-Section

C [ft/s]
B [tan.deg]
A [tan.deg]
K1[tan.deg]
W [ft/s]
U [ft/s]

1st
Rotor
Inlet
809.87
38.40
90.00
40.48
1303.93
1021.93

1st
Stator
Inlet
1161.32
46.75
46.75
45.71
-

2nd
Rotor
Inlet
881.75
35.77
90.00
36.68
1508.33
1223.77

2nd
Stator
Inlet
1181.49
50.96
5.96
49.63
-

3rd
Rotor
Inlet
953.62
35.17
90.00
35.10
1655.65
1353.43

3rd
Stator
Inlet
1230.64
53.52
53.52
51.95
-

4th
Rotor
Inlet
1025.49
35.59
90.00
34.72
1762.19
1433.07

4th
Stator
Inlet
1292.03
55.24
55.24
53.47
-

5th
Rotor
Inlet
1097.36
36.49
90.00
34.97
1845.42
1483.70

Mid-Section

5th
Stator
Inlet
1359.57
56.47
56.47
54.54
Figure 63. Velocity Triangles of Low-Pressure Turbine for Mid-Section

Table 53. Properties of Velocity Triangles for Mid-Section Outlet of High-Pressure Compressor
Mid-Section

C [ft/s]
B [tan.deg]
A [tan.deg]
W [ft/s]
U [ft/s]
K2 [tan.deg]

1st
Rotor
Outlet
1161.32
65.57
46.75
929.00
1180.05
52.88

1st
Stator
Outlet
881.72
90.00
90.00
95.72

2nd
Rotor
Outlet
881.5
50.96
57.57
1087.30
1327.30
53.23

2nd
Stator
Outlet
953.62
90.00
90.00
96.51

3rd
Rotor
Outlet
1230.64
55.30
53.52
1203.54
1416.66
54.92

3rd
Stator
Outlet
1025.49
90.00
90.00
97.06

4th
Rotor
Outlet
1292.04
55.24
55.24
1291.77
1472.94
57.19

4th
Stator
Outlet
1097.36
90.00
90.00
97.47

5th
Rotor
Outlet
1359.57
56.20
56.46
1363.75
1509.64
59.72

5th
Stator
Outlet
1169.24
90.00
90.00
97.79
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C [ft/s]
B [tan.deg]
A [tan.deg]
K1[tan.deg]
W [ft/s]
U [ft/s]
K2 [tan.deg]
Kg [tan.deg]

1st
Stator
Inlet
869.45
90.00
90.00
90.00
-

1st Rotor
Inlet
1569.73
108.13
31.76
98.64
869.51
1605.24
-

1st
Stator
Outlet
1590.62
32.49
32.49
32.49
32.49

1st Rotor
Outlet
1045.09
30.20
83.47
2063.81
1664.74
29.84
29.84

APPENDIX B: TECHNICAL DRAWINGS OF THE COMPONENTS

Figure 64. Detailed Output of PHOENIX at Climb Condition

Figure 66. Engine Overall Geometry from GasTurb 13

APPENDIX C: TECHNICAL DRAWINGS OF THE COMPONENTS (Drawing Sheet Scales: A3)

Figure 65. Detailed Output of PHOENIX at Supersonic Cruise Condition
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